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Intr ion

Research on unsteady airfoils has attracted the attention of
many researchers from the point of utilization of aerodynamic lift
generated for the maneuverability of the aircraft. Studies on
oscillating airfoils have been performed to improve the performance
of the retreating blade of a helicopter rotor, to understand the
physics of dynamic stall and to delay the occurrence of dynamic
stall. These studies have indicated the dependability of dynamic
stall on parameters such as airfoil geometry, mean angle of attack,
amplitude of oscillation and Mach number. Though these studies
have established the qualitative and quantitative dependence of the
dynamic stall, the physics of the flow responsible for the behavior
is not yet clearly understood for its control.

In the early 1980's, studies on airfoils pitching in ramp motion
were initiated to utilize the dynamic lift for supermaneuverability
of fighter aircraft. Though these studies have been done to
understand the dependence of parameters for the occurrence of deep
stall, studies to control the flow for sustaining lift for a longer
time has been little. To sustain the lift for a longer time, an
understanding of the development of the flow over the airfoil is
essential. Most of the work reported in literature was confined to
low speeds, and studies at high speed are required to investigate
how the flow behavior is dictated by the effects of compressibility.
When the airfoil is pitched up in ramp motion or during the upstroke
of an oscillatory cycle, the flow development on the upper surface of
the airfoil and the formation of the vortex dictates the increase in
lift behavior. Vortex shedding past the training edge decreases the
lift. It is not clear what is the mechanism associated with the
unsteady separation and vortex formation in the present unsteady
environment. To develop any flow control device, to suppress the
vortex formation or delay separation, it is important that this
mechanism be properly understood. When the work was proposed,
the idea was to achieve this goal. This report presents the research
activities directed towards this effort and summarizes the results






obtained and highlights a new flow control device proposed for
delaying the flow separation.

iv f R rch Effor

1. To understand the compressibility effects on the flow
development of a pitching airfoil through flow visualization.

2. Quantify the velocity field of an oscillating airfoil, for
understanding the velocity field and for CFD code validation.

3. Quantify the density field through real time interferometry.

The above research efforts were carried out at the Compressible
Dynamic Stall Facility located in the Fluid Mechanics Laboratory of
NASA Ames Research Center. The experimental studies were
conducted on a NACA 0012 airfoil of chord 3 in. in the Mach no. range
of 0.2 to 0.45. Reynolds number variation in the test Mach number
range was 2 x 109 - 106. The types of motion studied were 1) ramp

motion where the airfoil is pitched up from 0 to 600 and 2)
oscillatory motion, where the airfoil is oscillated about 25% chord
point in sinsusoidal motion, a = 100 0 100 sin 2xft. The frequency
of oscillation (f) was kept at 21.5 Hz and the corresponding reduced
frequency (k) was 0.05. Flow visualization studies through
Schlieren technique is limited for a ramp motion of the airfoil and
velocity and density measurements were taken up on an oscillating
airfoil.  Results of these studies are summarized below. Details of
these studies are published at various AIAA conferences and can be
found in the papers appended at the end of this report.

Ramp rate and Mach number are chosen as two parameters to
quantify their effects on the flow development of an airfoil
undergoing a ramp motion from 0 to 60°. Schlieren pictures of the
flow field are taken in the Mach number range of 0.2 to 0.45 and
reduced frequency range of 0.01 to 0.05. Schlieren pictures show
the presence of multiple shocks at M=0.45 (Fig. 1). The vortex
position is determined and its movement was studied with respect
to the airfoil angular position. Vortex initiation and passage of
vortex past the training edge appears to be dependent on the Mach






number and ramp rate; even at higher Mach numbers. With increase
in ramp rate at a constant Mach number, the dynamic stall occurs at
higher angle of attack. At a constant ramp rate, with increase in
Mach number, the dynamic stall is accelerated to lower airfoil
angles. Multiple vortices are observed at lower pitch rates and
lower Mach numbers (Fig. 2). At a given chord location, a significant
change in the position of vortex is observed for M>0.3, indicating the
effects of compressibility on the flow development (Fig. 3). This
behavior warrants further studies; and quantification of the surface
flow field near the leading edge is essential to understand the
development of flow with various parameters. Such a study is
planned through real time interferometry and experiments are about
to begin. Results of this study are included in AIAA Paper no. 90-
3038 and enclosed in Appendix A.

Velocity M : f D ic_Stall FI Field witl
LDV

Quantification of unsteady flow field is essential for developing
and validating the CFD codes and to obtain a better understanding of
the physics of dynamic stall. Towards this aim, velocity
measurements of the unsteady flow field of an oscillating airfoil
were taken up with the LDV. The components of velocity were
measured with a two color, two component frequency shifted TSI
LDV system. Measurements were restricted to the region above the
airfoil surface and were carried out in a rectangular grid of size 33
x 13. The grid extends to a length of 3.0 in. in the streamwise
direction starting from -0.75 in. from the leading edge and 0.75 in.
in the vertical direction from the chord plane at zero degree angle of
attack. Seeding of the flow was done by injecting PSL particles at
the inlet of the tunnel. Velocity data for the upstroke portion of
airfoil shows the formation of a separation bubble over the airfoil
surface prior to the formation of vortex (Fig. 4) and flow
experiences large velocity as high as 1.6 times the free stream
velocity. As the airfoil angle of attack starts to exceed the static
stall angle a wake-like profile develops near the wall as a result of
bubble breakdown. For downstroke portion of the cycle, the velocity
attained is comparatively lower, but still greater than the free
stream velocity. A comparison of the velocity field at an angle of
100 with the upstroke shows the extent of disturbed field is
confined to a smaller region on the upper surface in the downstroke
(Fig. 5). Details of the results are described in AIAA Paper no. 91-






1799 and AIAA Paper no. 91-3225 and enclosed in Appendix B, and
Appendix C respectively.

f Dynami in l_Ti Interferometr

Measurements with Point Diffraction Interferometry (PDI) were
undertaken to study the flow development through density fringe
patterns and later to evaluate the Mach number field from the
fringes and estimate the surface pressure distribution to
investigate the changes in the flow development near the leading
edge. In the first phase, studies were restricted to the global flow
field and the flow pictures show evolution of a coherent vortical
structure and not a tightly wound vortex as was thought earlier from
the Schlieren studies. Using isentropic relations, the velocity field
and pressure variations on the surface of airfoil were computed. A
detailed pressure distribution near the leading edge of airfoil was
obtained and as many as 13 pressure values were computed in the
first 1% of chord (Fig. 6). PDI permits determination of detailed
pressure distributions which is not possible with transducers on the
airfoil of this scale. A comparison of the peak pressure with that of
the steady case at an angle of attack of 10.80 shows that the flow
gradients in the unsteady case develop at a slower rate than in the
steady case, thus contributing to the delay in the stall development.
Results of this study are presented in AIAA Paper no. 91-0007 and
included in Appendix D.

Detailed pressure distributions in the downward motion of an
oscillatory airfoil show the reattachment of unsteady separated
flow occurring through a bubble (Fig. 7). Using the surface pressure
variations, at various angles, a schematic of the reattachment
process is proposed (Fig. 8). Also, a comparison of LDV data which
is a long time averaged point measurement shows a good agreement
with the Mach number data evaluated from the interferogram at an
angle of incidence of 100 (Fig. 9). This enhanced the confidence in
the measurements made with the LDV which is based on the
assumption of statistical stationarity of the flow. Further, the
agreement showed that the reattached flow field is two
dimensional, a new finding. These results have been documented in
AlIAA Paper no. 91-3225.
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Using the PDI technique, it is possible to quantitatively
estimate the pressure distribution and identify the region of
vorticity production and region where the pressure gradient
promotes separation in the form of vortex. By possibly modifying
this region of leading edge that is promoting separation, it is
possible to control the vorticity distribution and modify the
pressure distribution at the leading edge thus delaying the flow
separation. Recently, NASA has developed a material which can be
deformed rapidly with time and this material has been demonstrated
successfully as a deicing device on a helicopter blade. It is proposed
to use this as a material to vary the leading edge shape in a
controlled way to produce a change in the pressure distribution to
alleviate separation of flow. Initially, the shape of leading edge to
an extent of 25% chord will be varied and there will be a provision
to control the deformation of both the upper and lower surfaces
independently. As the deformation required on an existing 3 in.
chord is small, a 6 in. chord airfoil is chosen.

A fabrication scheme has been worked out in consultation with
the Civil Technology Office and Model Development Branch for
incorporating an adaptive geometry on a 6 in. chord airfoil. Design
calculations have been performed to check the adaptability of a 6 in.
chord airfoil in the present oscillatory test rig.

ncluding Remark

Results of this investigation have shed some new light on the
development of flow field on unsteady airfoils.

1 For the case of ramp motion, presence of multiple shocks at
M = 0.45 and, multiple vortices at lower Mach numbers and
lower pitch rates are seen.

2. Flow gradients in the unsteady case develops at a slower rate
than in the steady case, thus contributing to the delay in the
development of dynamic stall.

3. A separation bubble is seen prior to the formation of dynamic
stall vortex and also during the reattachment of unsteady
separated flow.






4. The partially reattached unsteady flow field is two
dimensional.

5 Using PDI technique which permits detailed pressure
distribution and identification of the gradients promoting
separation, and using new material whose deformation can be
varied with time, a new flow control device is designed.

This device permits a variation in the leading edge geometry
in a controlled way to delay unsteady separation.
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Abstract

Compressibility effects on the flowfield of an airfoil
executing rapid transient pitching motion from 0 - 60 de-
grees over a wide range of Mach numbers and pitching
rates were studied using & stroboscopic schlieren flow visu-
alization technique. The studies have led to the first direct
experimental documentation of multiple shocks on the
airfoil upper surface flow for certain conditions. Also, at
low Mach numbers, additional coherent vortical structures
were found to be present along with the dynamic stall vor-
tex, whereas at higher Mach numbers, the flow was dom-
inated by a single vortex. The delineating Mach number
for significant compressibility effects was 0.3 and the dy-
namic stall process was accelerated by increasing the Mach
number above that value. Increasing the pitch rate mono-
tonically delayed stall to angles of attack as large as 27
degrees.

Nomenclature

airfoil chord

free stream Mach number
o0 free stream velocity
chordwise distance

angle of attack

pitch rate, degrees/sec
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at = Uij nondimensional pitch rate

1. Introduction

There is considerable interest in the enhancement
and sustenance of lift by dynamically pitching an airfoil in
applications related to fixed wing aircraft supermaneuver-
ability and enhanced agility. The production of dynamic
lift by rapid unsteady motion such as oscillatory pitch-
ing or ramp type pitching is well known. Carr! provides
a comprehensive review of the problem and related pro-
cesses. Over the years, significant effort has been devoted
to obtaining details of the process of dynamic lift genera-
tion over a rapidly pitching airfoil, quantify it and identify
the parameters affecting it?. A survey of the available lit-
erature reveals that the process of dynamic stall is strongly
dependent on the airfoil geometry (in particular the lead-
ing edge shape), Mach number, degree of unsteadiness or
nondimensional pitch rate, Reynolds number, state of the
airfoil boundary layer, airfoil initial angle of attack before
pitching, three dimensionality, type of airfoil motion, loca-
tion of pitch point, etc. The various aspects of the problem
have been studied by several researchers. Freymuth® pro-
vides excellent flow visualization pictures at low speeds.
Lorber and Carta*, Albertson et al®, Walker et al®, among
others have measured the surface pressure distributions.
Francis and Keese’ have found that the maximum lift coef-
ficient increases monotonically till a nondimensional pitch
rate of 0.025 and decreases therafter. Jumper et al® con-
cluded from their studies that the pitch point has a large ef-
fect on dynamic stall. Harper and Flanigan® found that as
the Mach number is increased, the dynamic lift steadily de-
creases and finally ceases at M = 0.6 . Whereas these above
mentioned studies are experimental, there are some com-
putational studies (Ekaterinaris!®, Visbal!!, among oth-
ers) that have produced good agreement with the available
data. .

The phenomenon of dynamic stall is characterized
primarily by a clockwise vortex (for flow moving from left
to right) that is produced by the large amount of coherent



vorticity that is created near the leading edge region of
rapidly pitching airfoils by the unsteady motion. In fact,
for certain flow conditions, Walker et al® observed that
two vortices are present on the airfoil. During the early
stages of the stall process the flow around the airfoil re-
mains attached, with the vortex being surrounded by the
outer stream. As the angle of attack is increased well past
the static stall angle, the vortex begins to convect over
the upper surface and grows. Eventually, when the vor-
tex is shed into the wake, deep dynamic stall is said to
occur. This sequence of events has been derived from flow
visualization experiments at low Mach nmubers. Com-
putations and surface presure measurements have shown
that extremely large suction pressures develop in the re-
gion very close to the leading edge, pointing to formation
of locally supersonic regions. In fact, even at the low free
stream Mach number of 0.2, the local flow can attain sonic
values!?, It is then likely that a shock can form in the flow.
If it does, it could have a dramatic effect on the dynamic
stall process. However, till now there has been no direct
experimental evidence of a shock, although its presence
has been inferred from other measurements such as signa-
tures of surface mounted hot film gages*. It is very clear
that there is a strong need to obtain detailed experimen-
tal data about the influence of compressibility effects on
dynamic stall before a full understanding of the dynamic
stall process can be obtained. This paper presents some of
the results of a visualization of the flow carried out using
a stroboscopic schlieren method.

2. Description of the Experiment

A. Facility

The experiments were conducted in an in-draft wind
tunnel of the Fluid Mechanics Laboratory (FML) at NASA
Amers Research Center (ARC). It is one of the ongoing
dynamic stall research projects of the Navy-NASA Joint
Institute of Aeronautics between the Naval Postgraduate
School and NASA ARC.

The details of the FML in-draft wind tunnel are given
in Carr and Chandrasekhara 1}, The facility is one of
a complex of four in-draft wind tunnels connected to an
evacuation compressor. The test section size is 25cm X
35¢cm X 100cm. The flow in the tunnel is controlled by
a variable cross section throat downstream diffuser. The
throat is always kept choked so that no disturbances can
propagate from the other tunnels or the compressor into
the test section.

An NACA 0012 airfoil with a chord of 7.62cm is sup-
ported in a unique way by pins that are push fitted between
two 2.54cm. thick optical quality glass windows. The pins
are smaller than the local airfoil thickness and hence per-
mit complete optical access to the airfoil surface. This
makes detailed flow studies possible even at the surface.
The airfoil motion is produced by a hydraulic drive located
on top of the test section, which is connected to the win-
dow frames supporting the airfoil. Controlied movement
of the hydraulic actuator provides the desired motion of
the airfoil. Fig. 1 shows a schematic of the tunnel with
the drive system.

B. Details of the Hydraulic Actuator System

The following were specified as the requirements on
the airfoil motion:

angle of attack, a: 0-60°

pitch rate, a: 0-3600 °/sec
acceleration rate: 600,000 °/sec?
change in o during acceleration: <6° of pitch

acceleration time: 4 milliseconds
free stream Mach number: 0.1-0.5

airfoil chord: 7.62cm
Reynolds number: 2 x 10° - 10°

It should be noted that at any Mach number, a
7.62cm chord airfoil pitching at 3600°/sec. corresponds
to a 3m chord wing pitching at 90°/sec., which is beyond
the range of present day aircraft. Thus, results obtained
from this study will enable expanding the flight envelope of
both current and future aircraft systems. The acceleration
time was limited to 4 milliseconds and the change in angle
of attack during this time was specified to be less than 6°
g0 that the airfoil has reached a constant pitch rate well
before the static angle is reached. To obtain reasonable
experiment times, the system was also required to recycle
30 times a minute.

These exacting requirements meant that a powerful
prime mover was necessary for this purpose. After con-
sidering several alternatives, a hydraulic drive system was
found to be able to deliver the required performance. Such
a system was designed taking into account the fact that the
system characteristics are collectively determined by the
interaction of the aerodynamic flow field, the mechanical
system with its linkages and associated backlash, and the
hydraulic system with its leakage and the nonlinearities in
each of these systems. The details of the feed back sys-
tem design can be found in Andrews't. Chandrasekhara
and Carr®® provide the other details of the final design,
including those of the hydraulic circuit.

C. Instrumentation and Technique

The drive is equipped with its own instrumentation
which is used by the feed back control system. These in-
clude a digital incremental position encoder {with a resolu-
tion of 0.03° /count) to provide the instantaneous angle of
attack, and a linear (analog) velocity transducer for main-
taining the airfoil velocity constant. The airfoil motion is
software controlled from an IBM PC, with a motion con-
troller card installed in one of its slots.

As stated earlier, the airfoil pitches from 0 - 60° at
pitch rates up to 3600°/second and the motion is com-
pleted in 20 milliseconds. Records of individual pitch up
motion were obtained using a MicroVAX II Work Station.
The PC was linked to the MicroVAX with additional hard-
ware to trigger data acquisition on the MicroVAX com-
puter, using the third bit of the encoder providing the in-
stantaneous angle of attack information. The third bit
was chosen to prevent accidental triggering due to noise or
such uncontrollable parameters. Simultaneously, the in-
ternal clock of the computer was started so that the time
history of the motion could be documented. Fig. 2 shows
typical plots of the variation of angle of attack with time
for M = 0.45, a pitch rate &, of 3507°/sec, and nondimen-
sional pitch rate a* = 0.03; M = 0.35, a = 2256° /sec.,



at = 0.025; and M = 0.25, & = 1263%/sec, o+ = 0.02.
Similar plots were obtained for all cases.

The schlieren instrumentation used is standard and
is shown in Fig. 3. It is also described in Carr and
Chandrasekhara?’. Flow visualization was obtained us-
ing the stroboscopic schlieren flow visualization technique.
This involved triggering the schlieren light source at the de-
sired instantaneous angle of attack by a specially designed
electronic circuit. The encoder counts for the desired angle
of attack was chosen as a BCD number by setting switches
on the front panel of the hardware. The circuit includes a
comparator which outputs a TTL pulse when a match oc-
curs between the selected count and the constantly chang-
ing encoder count. This pulse triggers the strobe light
source and also freezes the display of the encoder counter,
thus permitting a check on and recording of the actual an-
gle of attack at which the light fiashed. No phase delays
were found to be present in this process.

The experiment consisted of running the tunnel at
Mach numbers ranging from 0.2 - 0.45, while pitching the
airfoil at rates from 1200 - 3600 degrees/sec., and tak-
ing the schlieren pictures. The resulting Reynolds number
range was 400,00 - 900,000. The matrix of experimental
conditions is given in Table 1.

3. Results and Discussion

A. Stroboscopic Schlieren Flow Visualization Stud-
ies

Fig. 4 and 5 present two sequences of stroboscopic
schlieren pictures obtained for the cases of M = 0.25, a*
= 0.05 and M = 0.45, a* = 0.03. These pictures were
obtained by pitching the airfoil once for each frame shown.
They represent the density gradients at the instant the
pictures were taken without any history effects - unlike
most other flow visualization photographs. The knife edge
of the schlieren system was kept vertical for all cases.

The dominant feature in these figures is the presence
of the dynamic stall vortex that appears as a dark circular
region over the airfoil and moves along the airfoil upper
surface and eventually past the trailing edge.

The dark region near the leading edge of the airfoil
on its lower surface indicates the density gradients in the
stagnating flow. As the angle of attack increases (up to
30°), the stagnation point moves downstream along the
lower surface and stabilizes at =~ 5% chord point. Also, as
the angle of attack in increased, the dynamic stall vortex
becomes distinct at « = 17° in Fig. 4 at M = 0.25 and
a* = 0.05, and a = 13° for the case of the higher Mach
number of 0.45 and a* = 0.03 in Fig. 5. In both cases, the
vortex quickly grows into a large coherent structure. The
boundary layer downstream of the vortex thickens with
increasing angle of attack; at the same time, the leading
edge shear layer appears as a thin streak (starting out ini-
tially as a dark layer and transforming into a lighter shade)
and delineates the outer potential flow from the inner sep-
arated viscous layer. Ultimately, the vortex is bounded by
the edge of the shear layer upstream and by the boundary
layer downstream. The flow downstream of the dynamic
stall vortex is still attached,as can be seen, for example, in
Fig. 5, a = 14.5°. No trailing edge vortex was present for
any of the cases studied. Walker et al® have pointed out

that the trailing edge vortex is due to the separating shear
layer on the upper surface and is absent at higher Reynolds
numbers, which is perhaps the reason why it was not found
in the cases studied.

The vortex itself appears as a dark region as in its
formative stages, the flow gradients in it have not fully de-
veloped. But, when it grows and has acquired its terminal
velocity, it appears as a partially bright and partially dark
image, with a sharp transition line where the local density
gradient changes sign from negative to positive (light to
dark ), as can be seen in Fig. 4 for a = 21.0°. For the case
shown in Fig. 4, the flow stalls dynamically at a = 27°
(when the vortex has travelled past the trailing edge) and
for M = 0.45, (Fig. 5), at & = 18°. Both these angles are
substantially higher than the corresponding static angles.
(See also Table 2).

As the airfoil pitches past this angle, the flow be-
comes largely separated and the separating leading edge
shear layer grows unstable forming several vortices, as can
be seen from the bottom row frames in both Fig. 4 and
Fig. 5. The flow downstream of the trailing edge also
shows several small organized vortical structures. Occa-
sionally, (Fig. 4, a = 28°) a trailing vortex (much like the
starting vortex) can be seen coming off the trailing edge of
the airfoil during the deep stall phase of the flow.

Fig. 6 presents an enlarged schlieren picture for M
= 0.25, at = 0.025, at @ = 16.5°. At this condition,
some interesting details are present in the flow. As already
stated, the forward stagnation point is on the lower surface
at about 5%chord point. On the upper surface, there is a
large dynamic stall vortex at x/c = 0.5. Along with it it is
another structure, which appears to have the same sense of
vorticity as the dynamic stall vortex. Downstream of the
primary vortex, the flow is still attached. It is surprising
to see two clockwise vortical structures at the same time.
Chandrasekhara et al’® have detected such structures in
their computational studies of the flow over an oscillating
airfoil under compressibility conditions. Mane et al*® have
also found such structures in their computational stud-
ies on pitching airfoils, but at a low Reynolds number of
50,000. At this stage, it is not known whether the multiple
structures would influence dynamic lift generation in any
way. However, these seem to appear mostly at low Mach
numbers and only at low pitch rates.

Another noteworthy feature is the large vertical
length scale of the flow. It appears that the vortex diffuses
and rapidly becomes disorganized as it moves over the air-
foil. In contrast, studies of the flow field over an oscillating
airfoil by Chandrasekhara and Carr!® have shown that the
vortex was very tightly wound. Chandrasckhara et al'’
have compared the effect of motion history and found that
in the range of parameters tested, the ramp type motion is
not very effective in introducing the levels of vorticity that
can be attained by the oscillating motion due to the fact
that the integrated effect of pitch rate history on vorticity
generation is larger in the oscillating case. This is a possi-
ble explanation for the observed structure of the dynamic
stall vortex in this case.

B. Formation of Shocks over the Airfoil

Fig. 7 shows the details of the flow near the leading
edge of the airfoil for M = 0.45, a® = 0.0313, a = 12.6°.



The strong density gradient near the airfoil leading edge
under these conditions are responsible for deflecting the
light rays completely around the region, which results in a
dark region seen on the upper surface in this figure. The
most striking result seen in the figure is the presence of
multiple shocks within the first 5 - 8% chord distance.
The rapid acceleration of the flow around the leading edge
for this case has caused the flow to go supersonic. Such
a result has also been indicated in computational stud-
jes. The extent of the supersonic region depends upon
the Mach number, nondimensional pitch rate and instan-
taneous angle of attack. For example, Visbal'’ found that
a supersonic region originates very near the leading edge
and extends till about 8 - 10% chord point for M = 0.3,
and it grows to about 30% chord at M = 0.6. The results
obtained from the present study offer the first definitive
experimental documentation of the fact that shocks ac-
tually form on the airfoil for certain flow conditions and
support the study by Visbal'’. It is well known that once
a flow attains supersonic values, a shock can form. In the
present case, it is not known whether the shock is normal
or oblique, but presence of multiple shocks indicates that
if a normal shock orignally formed, there are additional
mechanisms present in the flow that are responsible for
accelerating the flow repeatedly to supersonic values and
thus forming more shocks. A possible explanation is that
the shock induces small scale separation in the boundary
layer. The separating streamlines could take a wavy shape
and thus locally induce a series of expansion and compres-
sion waves. Such a system of waves could form additional
shock waves (or shocklets) in the flow. Eventually the se-
ries of interactions ceases via a ‘strong’ shock and the flow
becomes subsonic. This explanation still needs to be veri-
fied, but such a situation seems possible in transonic flow.
Meier?® has observed multiple shocks in vortex-wing inter-
action studies in transonic flows.

The shocks discussed above were present over a range
of angles of attack and flow conditions. A sequence of
schlieren pictures for M = 0.45, at a pitch rate of 3600
degrees/sec. (at = 0.0313) is presented in Fig. 8. These
were obtained at a very fine resolution over angles of attack
ranging from 12.2° - 12.9°. It can be seen that at a =
12.4°, shocks (the thin dark streaks in the figure) appear
over the airfoil surface in the region x/c = 0 - 0.05. At
a = 12.4°, several shocks form and extend 1 - 2% chord
width into the upper surface flow. The shocks remain on
the surface at « = 12.5%. At a = 12.7% only a single
“strong” shock remains at about 10% chord, just upstream
of the dark region. The shock finally disappears at an angle
of attack of 13°. However, no large scale shock induced
separation could be detected for the cases studied. In fact,
the dynamic stall vortex still forms and eventually gets
shed at a = 17°.

C. Effect of Mach Number

Fig. 9 compares the schlieren pictures at different
Mach numbers for a* = 0.03 and a = 17°. It can be seen
that for the subsonic case (M < 0.3), the vortex is at about
50% chord location. In addition, the vertical extent of the
fiow is nearly the same for M = 0.2, 0.25 and 0.3. However,
for M > 0.3, the dynamic stall vortex moves successively
closer to the trailing edge and the flow scales have increased
as well. Movement of the vortex downstream indicates flow
approaching the deep stall state and thus, it is clear from

the figure that as the Mach number is increased, deep stall
occurs at progressively lower angles of attack.

Fig. 10a shows the effect of Mach number on the
dynamic stall for the pitch rate ot = 0.025, and the cor-
responding results for a* = 0.035 are shown in Fig. 10b.
Plotted in it are the successive locations of the center of
the dynamic stall vortex as a function of the instantaneous
angle of attack at different Mach numbers. It can be seen
in both the figures that the vortex appears at lower angles
of attack as the Mach number increases. This also leads to
the result that the vortex moves past the trailing edge at
lower angles of attack for higher Mach numbers, causing
deep dynamic stall to occur earlier in the pitching cycle.
Significant decreases in the angle of attack occur for the
same x/c location for M > 0.3 and thus, M = 0.3 can be
considered to be the limit when compressibility effects set
in. Consider for example Fig. 10a, for x/¢, = 0.6, the cen-
ter of the vortex is at a = 16.5° for M = 0.3, and a = 14°
for M = 0.45. Similarly, in Fig. 10b, the vortex is at 60%
chord location at a = 19° for M = 0.3; at M = 0.4, the
corresponding angle of attack = 17.2°. Similar results were
obtained at other pitch rates.

Table 2 shows the angle of attack at which deep dy-
namic stall occurs for the cases studied. As the Mach num-
ber is increased for a given pitch rate, the dynamic stall
angle remains nearly the same up to M = 0.3. However, for
M > 0.3, this angle decreases. The scatter that is present
in the data is unavoidable, owing to the subjectiveness in-
volved in determining these angles. Further, as already
stated in Section 3.A, for some cases multiple structures
were found to be present. This, along with the diffused vor-
tex, made the task of tracking the vortex movement more
complex. Nevertheless, the data shows definitive trends
that reflect the compressibility effects.

D. Effect of Pitch Rate

Fig. 1la through 11d show the vortex center loca-
tions over the airfoil plotted as a function of the angle of
attack at different pitch rates for M = 0.2, 0.35, 0.4 and
0.45 respectively. It can be seen in all the figures that the
vortex is retained on the surface of the airfoil to higher
angles of attack as the pitch rate is increased. The trend
is monotonic with increasing pitch rate. For example at M
= 0.45, the vortex is on the surface even at a = 18° at o™
= 0.03, whereas the static stall angle for this case is ~ 9.5°
as determined from the schlieren images. For ot = 0.020,
deep dynamic stall occurs at a = 15.5°. For M = 0.35, the
deep stall an§le is 2= 23° for at = 0.04, and the static stall
angle is 11.6°. The figures show similar results for other
Mach numbers. A summary of dynamic stall angles is pre-
sented in Table 2 at different pitch rates. A horizontal scan
of the table shows stall delay till angles of attack signifi-
cantly higher than the static stall angles can be achieved
by simply increasing the nondimensional pitch rate, even
at these higher Mach numbers. As indicated in the previ-
ous section, presence of multiple structures, especially at
the low Mach number of 0.2, made following the primary
vortex during its passage over the airfoil difficult. Hence,
the plot for at = 0.025 in Fig. 1la does not extend till
the deep stall angle of attack.



4. Concluding Remarks

Results obtained showing the global behavior of the
dynamic stall vortex over an airfoil executing a rapid tran-
sient pitching motion are presented. These are the first
pictures of the flowfield obtained at maneuver Mach num-
ber conditions and for conditions that are beyond the op-
erational range of present day aircraft.

The following major conclusions could be drawn from
the study.

1. Multiple shocks are present over the airfoil, at
moderate free stream Mach numbers. The shocks do not
seem to induce any large scale flow separation. Also, the
global features of the dynamic stall process are not signifi-
cantly affected by their presence. However, detailed studies
are still needed to confirm local effects of the shocks.

2. At low Mach numbers, multiple vortices are
present at low pitch rates. But, at higher Mach numbers,
a single large dynamic stall vortex dominates the flow. Oc-
casionally, a trailing vortex similar to the starting vortex
is observed.

3. Compressibility effects are important for M > 0.3.

4. Stall delay is enhanced by increasing the pitch
rate. Increasing Mach number accelerates dynamic stall
by lowering the angle of attack at which dynamic stall
occurs.
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Tuble 1: Experimental Conditions

+

M o
0.01 0.02 0.025 0.03 0.033 0.04 0.05
0.20 X X X X X
0.25 X X X X X X
0.30 X X X X X
0.35 X X X X X
0.40 X X X X
0.45 X X X X
Table 3: Vortex Relsane Angle of Attack
M a*
0 0.01 0.02 0025 0.03 0085 0.04 0.05
0.20 178 21.0 20 24.0
0.25 17.5 185 1.0 20 270
0.3 124 178 18.0 200 210 230
0.35 116 16.0 17.5 19.0 20.0 23.0
0.40 108 185 170 19.0 200
0.45 9.3 120 185 170 18.0
* Bost estimate of static stall angle from schlieren
pictures.
25 GALLON
/SACCUHULATOI
SERVO VALVE |

HYDRAULIC
CYLINDER

| MANIFOLD

TRUSS

BELL CRANK mLOT

ASSEMBLY VALVE
MANIFOLD
PILOT VALVE
ACCUMULATOR

SUPPORT
PLATFORM

TEST SECTION

Fig. 1. Compressible Dynamic Stall Facility with a Hy-
draulic Drive.

M = 0.45, at = 0.03, SLOPE 0 — 57 DEG = 3507.0

M = 0.35, at = 0.025, SLOPE 0 — 57 DEG = 2256.0
------ M =0.25 a” = 0.02, SLOPE 0 - 57 DEG = 1283.0
80.0
60.0
Y
Q
T 40.0
o]
20.0
0.0 : : : :
0.000 0.025 0.050 0.075 0.10
time, sec
Fig. 2. Time History of Pitching Airfoil.
TOP VIEW
2\ SCHLIEREN
MIRRAOR
4
SCHLIEREN
STROBOSCOPE -_| LDV RECEIVING
|_-0PTICS AND
TRAVERSE
TO COMPRESSOR
ATOMIZER | T ib —
lAIRFLOW
— | |amror | THROAT
[T ,__J LDV FOCUSING LENS
INTERFACE/ - AND TRAVERSE
INSTRUMENTATION RACKS CAMERA
; N
J ydl (Mnnon
jauupy SCHLIEREN IMAGING
oPTICS
LDV TRANS-
' MICROVAX MITTING / KNIFE-EDGE
COMPUTER gorics
WORKSTATION SCHLIEREN MIRROR
AND GRAPHICS
TERMINAL

Fig. 3. Schematic of the CDSF Instrumentation.-



a = 16.0° 16.5° 17.0° 18.0°

o =19.0° 21.0° 22.0° 23.0°

28.0°

58.0°
Fig. 4. Stroboscopic Schlieren Pictures of the Compress- R
ibility Effects on Dynamic Stall of a Rapidly Pitching Air-
foil: M = 0.25, a* = 0.05.
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18.0° 19.0°

o = 30.0° 40.0° 50.0° 58.0°

Fig. 5. Stroboscopic Schlieren Pictures of the Compress-
ibility Effects on Dynamic Stall of a Rapidly Pitching Air-
foil: M = 0.45, ot = 0.03.
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Fig. 6. Multiple Vortices on a Pitching Airfoil: M = 0.25 Fig. 7. Schlieren Pictures of Multiple Shocks on a Rapidly
a1+g = 0.025,lg~e_- 16.5°. & ' Pitching Airfoil: M = 0.45, a* = 0.0313, a = 12.6°.

o =12.7°

Fig. 8. A Sequence of Schlieren Pictures of Shocks on a
Rapidly Pitching Airfoil: M = 0.45, a* = 0.0313.

9 TN PECE IS
Lo POD® DUALITY



o, deg

18

16

14

12

10

M=0.35 M =0.40

M=0.45

Fig. 9. Effect of Mach Number on Dynamic Stall of a
Rapidly Pitching Airfoil, Schlieren Studies: ot = 0.03,
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Fig. 10. Quantitative Effects of Mach Number on Dynamic
Stall Vortex Location: (a) at = 0.025, (b) a™ = 0.035.
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Abstract

Ensemble averaged two component velocity mea-
surements over an airfoil experiencing oscillatory dy-
namic stall under compressibility conditions were ob-
tained. The measurements show the formation of a
separation bubble over the airfoil that persists till an-
gles of attack close to when the dynamic stall vortex
forms and convects. The fluid attains mean velocities
as large as 1.6 times the free stream velocity(Ue ) with
instantaneous values of 1.8U,,. The airfoil motion
induces these large velocities in regions that are far
removed from its surface. Also, depending upon the
behavior of the separation bubble, the wall jet profiles
near the leading edge region could become wake like
over the airfoil in a cycle at different phase angles.
Vorticity contours indicate that the levels around the
leading edge continuously increase till the vortex be-
gins to convect. Some of the measurement difficulties,
especially, particle behavior are discussed as well.

Nomenclature

airfoil chord
frequency of oscillation, Hz

reduced frequency = %E
free stream Mach number
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Uy velocity components in the x and y
directions

Us free stream velocity

X,y chordwise and vertical distance

a angle of attack

g mean angle of attack

Om amplitude of oscillation

¢ phase angle of oscillation

w circular frequency, radians/sec

1. Introduction

The phenomenon of dynamic stall is an impor-
tant case of forced unsteady separated flow and 1s of
great importance to both helicopters and fixed wing
aircraft. Dynamic stall relates to production of lift
at angles of attack higher than the static stall angle
by rapidly pitching an airfoil - a situation routinely
encountered in helicopter blade motion. The major
benefit of dynamic stall, namely, enhanced lift has re-
mained unutilized because of the detrimental effects
of the associated pitching moment fluctuations due
to the convection of the dynamic stall vortex over the
airfoil upper surface. A solution to the problem lies
in controlling the process of flow separation and man-
agement of vorticity produced by the rapid pitching
process. However, to accomplish this, a thorough un-
derstanding of the physics of the flow over the airfoil,
especially around the leading edge is needed. The pro-
cess of dynamic stall is very complex and Carr! pro-
vides a comprehensive review of the problem. The im-
portance of compressibility, even at a low free stream
Mach number of 0.2 has been established by the ear-
lier work of McCroskey?. Harper and Flanigan® found
that the benefits of dynamic stall, namely the pro-
duction of enhanced lift, were negated by compress-
ibility. Recently, Chandrasekhara and Carr?, Chan-
drasekhara and Brydges®, Chandrasekhara et al® have
studied the global dynamic stall flow field by flow vi-
sualization, and found that compressibility effects set
in at M = 0.3, and that the flow field is significantly
affected, but the dynamic lift is still generated. Much
of the earlier work referred to above is either globally
qualitative or locally quantitative and limited to the



surface. About the only quantitative documentation
of the flow field that exists was obtained by DeRuyck
et al” at a very low flow velocity (O (10 m/s)). The
low speed of the experiment and the use of hot wires
in grossly separated flows severely limits the validity
and usefulness of the data.

The dynamic stall flow field is a complicated com-
bination of a multitude of fluid dynamic effects such
as tremedous acceleration around the leading edge,
formation of strong suction peaks, development of
the local boundary layer under the strongly adverse
pressure gradient following such acceleration, transi-
tion of the laminar boundary layer, separation of the
boundary layer and its reattachment resulting in a
separation bubble, its subsequent growth and even-
tual bursting just before the formation of the dynamic
stall vortex, formation of shock(s) and the induced
separation due to it, addition of large amounts of co-
herent vorticity into the flow and its coalescence into
the dynamic stall vortex and so on. The interaction
between the various phenomena and the trailing edge
separated flow that propagates towards the leading
edge only add to the flow complexity. For proper con-
trol schemes to be devised to manage this flow, it is
obvious that a careful and thorough study of the basic
fluid flow physics is needed to isolate the individual
effects and the role of various parameters. A survey
of the computational studies shows that Grohsmeyer
et al®, Ekaterinaris®, Courier and Fung!® have begun
to address some of the above mentioned issues. How-
ever, there is no experimental data available for the
comparison and validation of the computational re-
sults.

The present work is aimed at quantifying the ve-

locity field with the hope that some progress can be -

made in understanding the flow physics, with which
ideas of dynamic stall flow control can be developed,
while at the same time the data base generated will
serve to verify computational results and also enable
development of new codes that incorporate appropri-
ate flow physics.

2. Description of Facility

The experiments were conducted in the in-draft
wind tunnel of the Fluid Mechanics Laboratory(FML)
at NASA Ames Research Center (ARC). It is one of
the ongoing dynamic stall research projects in the
Navy-NASA Joint Institute of Aeronautcis between
the Naval Postgraduate School and NASA ARC.

The details of the FML in-draft wind tunnel are
given in Carr and Chandrasekhara'!. The facility is
one of a complex of four in-draft wind tunnels con-
nected to a 108m3/sec (240,000 CFM), 9,000 hp evac-
uation compressor. The test section size is 25.4cm X
35¢cm X 100cm The flow in the tunnel is controlled
by a variable cross section downstream diffuser. Its
throat is always kept choked so that no disturbances
can propagate upstream into the test section from the
other tunnels or the compressor.

A unique mechansim was designed and built to
produce the oscillatory motion of the airfoil. It is de-
scribed in Ref. 11. The drive system is located on top
of the test section. The test section windows are con-
nected to the drive and the sinusoidal movement of

the windows results in an identical movement of the
airfoil which is supported by the windows. The airfoil
is supported by pins push fitted between two 2.54cm
thick optical quality glass windows. The airfoil sup-
ports are unique in that the pins carry the entire load.
The pins are smaller than the local airfoil thickness
and hence provide complete optical access to the air-
foil surface. This makes detailed flow studies possible
even at the surface.

The oscillating drive was designed to meet the
following specifications:

o = g+ oamsin2r ft = apg + amsinwt

0 < ag<15°
2° < ap, < 10°
0< f<100H:z
0< Mo <05
200,000 < Re < 10°
airfoil chord = 7.62¢m

The flow conditions correspond to a helicopter in
forward flight and the Reynolds number corresponds
to that of a %th scale model rotor, whose test re-
sults are directly applicable to a helicopter rotor. The
in-draft wind tunnel and the unsteady drive system
is known as the Compressible Dynamic Stall Facility
(CDSF). Fig. 1 provides a schematic of the facility
and its instrumentation.

3. Instrumentation and Measurement
Technique

A. Phase Locking Instrumentation

The CDSF is instrumented with 3 digital en-
coders. Of these, one is an absolute position encoder
providing 3600 counts per revolution and is used for
the mean angle of attack information. The other two
are incremental position encoders with a resolution
of 800 counts per revolution. One of the incremental
encoders is used for obtaining the frequency/phase
angle information. The other could be used for the
instantaneous angle of attack. But, for the series of
experiments being reported, it was not used.

A two color, two component frequency shifted
TSI LDV system was used to obtain the measure-
ments. Traversing was accomplished by directing the
4 beams of the system by mirrors on to a 352 mm
focal length lens mounted on a computer controlled
traverse. The scattered light was collected 15 degrees
off-axis from direct forward scatter, this provided a
reduced probe volume length and thus, improved the
measurement resolution. The receiving optics were on
a different traverse mechanism, but this was driven as
a slave traverse to that on the transmitting side, and
the two sides were kept aligned throughout. Two TSI
1990 series counters were used to process the individ-
ual photomultiplier tube signals.

Unsteady flow studies using LDV require phase
locking circuitry that are capable of handling the ran-
dom nature of the LDV data. Since the LDV data



rate is dependent on particle arrival rate, which is in
general random and a function of the local flow, there
is a need to read the instantaneous phase angle each
time an LDV data sample is validated. This requires
latching circuits to freeze the continuous encoder data
based on an event in the flow. In the present exper-
iments, this event was specified to be the occurence
of coincident LDV data i.e. simultaneous Doppler
signals in both the U and V components. The coin-
cidence window width was chosen to be 50usec. The
LDV data was input to a NASA LDV multiplexer, to
which the encoder outputs processed by the counting
circuitry were also connected. The coincidence detec-
tion pulse (i.e. the data ready pulse) from the multi-
plexer was used to freeze the encoder data at that in-
stant, until all the data was completely transferred to
a microVAX II computer in the DMA mode. As soon
as this was accomplished, the latches were released
for fresh data. In view of the high oscillation frequen-
cies encountered, changes in the instantaneous angle
of attack would occur in the time it takes to freeze
the encoders. This along with the general paucity of
the LDV data and the time it takes to transfer it to
the computer required high speed latches to be used.
Fig. 2 presents a schematic of the method followed.
This inverse method of data collection is considered
superior to specifying the phase angle and waiting for
a certain sample size to be collected.

B. The Technique

As mentioned above, velocity data was acquired
each time both components were available simultane-
ously, Concurrently, the various encoders were also
read. In general, 10,000 coincident samples of each
of U and V velocity components were obtained along
with the encoder information for each sample. The
process was computer controlled by an extensive soft-
ware package that was specially developed for the pur-
pose. The software capabilities include checks for de-
tecting the oscillating drive frequency variations be-
yond a pre-set tolerance, sorting the data into bins
and plotting histograms and velocity vs. phase angle
distributions. At any stage when the data appeared
not to pass the standard tests of data validation,
(for example a widely scattered histogram), the entire
data set was rejected and new data was acquired. The
data was sorted into 36 bins corresponding to different
phase angles in a £5° range. If the distributions in-
dicated any irregularities, then the data was rejected
and the experiment repeated. Since such irregulari-
ties could be due to improper setting of the gains and
the filters (it should be noted that the flow has a very
large dynamic range in this experiment through an os-
cillation cycle), the electronic components were very
carefully set and the setting maintained. Since this
often resulted in reduced data rates, the collection of
samples took several minutes at each point, (as much
as 30 min. at some locations). However, this was pre-
ferred to any other means of increasing the data rate
because of the truly unsteady nature of the flow and
the large dynamic range dictated by the fluid dynam-
ics of the problem. This procedure was repeated at
each measurement location. Typically, a vertical ve-
locity traverse above the airfoil surface consisted of 40

stations, acquiring 10,000 samples per channel along
with the three encoder outputs, namely, mean angle
of attack, phase angle and frequency of oscillation,
per sample - all measurements were stored on disk
and archived on tape.

During the analysis stage of the experiment, the
raw data files were processed by another package by
sorting into 120 bins at a resolution of £1.5° and the
plots displayed on the screen. At this stage, a mini-
mum number of samples could be set depending upon
the demands of statistical stationarity. The results
presented here were obtained by stipulating that each
phase angle bin contained at least 50 samples. When
ever the required number of samples was not present
in any bin, that bin was said to contain a ‘hole’. A
monotonic spline curve fit was then used to interpo-
late the data to ‘fill the hole’ between valid data bins.
This method worked successfully over most phase an-
gles of interest for the problem.

Data was acquired in a rectangular x-y grid, with
x and y measured from the leading edge of the airfoil
when its angle of attack was zero degrees.

C. Seeding

The flow was seeded with 1 um polystyrene latex
particles(PSL) suspended in alchohol and dispersed
by the TSI 9306 six-jet atomiser. The particles were
injected from slightly behind the indraft tunnel inlet
continuously and arrived at the probe volume after
travelling a distance of over 3 meters, by which time
the alchohol had evaporated and only the PSL re-
mained. The location of the injector was adjusted to
suit the streamline pattern at different measurement
points.

D. Experimental Conditions

The flow Mach number was set to 0.3. The oscil-
lation frequency was 21.6 Hz which corresponded to
a reduced frequency of 0.05. The airfoil was NACA
0012 airfoil, oscillating about the 25% chord point,
with its angle of attack varying as

a = 10° — 10°sinwt

Thus, phase angle of 0° corresponded to o = 10°, 90°
to @ = 0° on its downstroke, 180° to a = 10° on the
upstroke and 270° to the maximum angle of attack
of 20°. The LDV probe volume was traversed in the
range —0.25 < z/e¢ < 0.75, 0.0 < y/c < 0.67. The
resolution was 6.25mm in the x direction and 1.25mm
in the y direction.

3. Results and Discussion

A summary of the data to be presented is shown
in Fig. 3. Following a measurement of the two dimen-
sionality of the flow along a spanwise line at location
B, time-histories of streamwise velocity at positions
A B,C,D are compared and contrasted. The next data
set will concentrate on details of the separation region
enclosed in the box E. The final set of measurements
will examine the velocity and vorticity fields in the
larger region denoted by the box F.



A. Two-Dimensionality Surveys

The tunnel flow two dimensionality was studied
with the airfoil oscillating for M = 0.3, k = 0.05, at
location x/c = 0.0 (i.e. nominally the leading edge)
and y/c = 0.167 for several spanwise locations. Distri-
butions of the normalized streamwise velocity compo-
nent are shown in Fig. 4 at five spanwise locations on
an offset scale. As can be seen, the curves are paral-
lel everywhere through the oscillation cycle to within
5%, except in the range 216° < ¢ < 320°. Ear-
lier schlieren flow visualization experiments by Chan-
drasekhara and Carr? have shown that for the exper-
imental conditions of this graph, deep dynamic stall
occurs at a = 15.9° corresponding to ¢ = 216° when
the dynamic stall vortex is shed. The upstream effects
of the large scale flow separation and the large verti-
cal flow scales are responsible for the differences seen
after stall. However, the flow can be treated as es-
sentially two-dimensional over the phase angle range
of interest through the central two-thirds of the test
section. Measurements beyond these stations were
either difficult due to seeding problems or the LDV
probe volume was not ‘visible’ to the receiving optics
because of the off-axis forward scatter arrangement
used. All further measurements were hence restricted
to the mid-span plane.

B. Selected Distribution of U%;— vs Phase Angle

Fig. 5 presents the phase variation of the nor-
malized U and V velocity components at selected lo-
cations in the flow field. Dramatic variations are to
be expected in a complex flow such as this and hence,
the following discussion.

In Fig. 5a, at x/c = -0.25, y/c = 0.583, a lo-
cation upstream of the airfoil leading edge, the flow
almost follows the sinusoidal motion imposed by the
oscillating airfoil. The most noteworthy feature at
this station is that the peak velocity is 1.15U and
occurs at a phase angle of about 216°, which corre-
sponds to the dynamic stall angle as already stated.
Beyond this phase angle, the separated flow causes
the velocity to drop as the streamlines are deceler-
ated when the airfoil continues to pitch up and the
flow gets blocked by the high angle of attack of the
airfoil. In fact, the effects remain until the flow reat-
taches at around a phase angle of = 330°. Only after
the flow is fully reestablished, does the velocity in-
crease again. The V velocity distribution in Fig. 5b
shows a velocity of about 6-8% of the free stream
value at ¢ = 0%, i.e. at « = 10° which drops to
about 2-3% at ¢ = 90°, a = 0° and starts to in-
crease as the airfoil pitches up, reaching a peak value
of 0.12U, at ¢ = 216°. Once again, the value remains
high as the streamlines are deflected upward while be-
ing slowed down due to massive flow separation until
reattachment? becomes complete.

At x/c = 0.0, (the leading edge at o = 0%), the
fluid experiences much more dramatic accelerations
and decelerations through the cycle. For example,
during the pitch down cycle of the airfoil 0 < ¢ <
90°, the fluid velocity decreases from 1.2Us to about

0.9U. As the airfoil pitches up, the fluid around
the leading edge is drawn with it and is imparted the
accelerations of the moving surface and eventually by
é = 216°, it has attained a velocity of 1.3U. As deep
dynamic stall occurs, the velocity drops significantly
to 0.85U, and remains low till reattachment. The
corresponding V velocities have reached values as high
as 30% of the free stream value at ¢ = 0% a = 10°,
but decrease to about 0.15U. at ¢ = 90% a = 0°,
and increase to nearly 0.6Uo at ¢ = 216°. During
the deep dynamic stall phase of the motion, the V
component of velocity remains high.

A very interesting case of the U velocity field is
seen in Fig. ba for x/c = 0.083, y/c = 0.067. (At this
location, no samples could be found for0 < ¢ < 30°
and the airfoil blocks the beams for 190° < ¢ < 360°.
The non zero values shown are an artifact of the data
processing routine for such cases.) As the airfoil angle
of attack decreases, the velocity drops from 1.35U,
(at ¢ = 30°% a = 5°) to 1.05U. at ¢ = 90°% a = 00
and increases as the upward motion of the airfoil be-
gins. At ¢ ~ 160°, (a = 6°) the maximum velocity
of 1.45U in the cycle is reached and suddenly, over
a very short phase angle range, the velocity drops by
45% to 0.8U and picks up slightly, before the beams
are blocked by the moving airfoil. The significance of
the drop is that the probe volume is penetrated by the
separation bubble on the airfoil surface which moves
with the airfoil and grows with increasing angle of at-
tack. It is worth mentioning here that a bubble was
also detected at this phase angle for this flow condi-
tions in a separate study using interferometry!?. In-
side the bubble, the velocities are smaller than around
it. The V velocity component remains high at 0.2Uc
for most part where measurements could be obtained,
but shows a drop through the bubble. The measure-
ment point is estimated to be about 1-2%chord above
the airfoil surface at this phase angle, and measure-
ments closer could not be obtained due to the airfoil
blocking the laser beams. '

At x/c = 0.75 and y/c = 0.133, a point down-
stream of the point of oscillation, the velocity through
the first half of the oscillation cycle are lower than the
free stream value. But, as before, it increases during
the upward motion of the airfoil until the deep dy-
namic stall phase of the cycle. Interestingly, the mag-
nitude is & 1.1U4, at this point and it does not drop
during this phase at all. The V component is neg-
ative everywhere with a maximum of -0.2U. The
streamlines are curving towards the airfoil surface at
this location throughout the cycle and the local flow
is three dimensional and turbulent during deep stall.

The above discussion provides a glimpse into the
complexity of the flow field and the variety of possi-
bilities encountered in large amplitude dynamic stall
flow.

C. Velocity vs Phase at Different Vertical Loca-
tions: Measurements in the Separation Bubble

Fig. 6 shows the distribution of the U and V ve-
locities with phase at x/c = 0.083. At this particular
location, a separation bubble was present. Thus, the
distributions in Fig. 6a show some very interesting



features. For example, at y/c = 0.067, at ¢ = 160°,
the velocity drops as already discussed in Sec. B
above. It should be noted that in unsteady flows, sep-
aration does not necessarily imply reverse flows and
thus, over most of the bubble, only lower than free
stream velocities were encountered. Reverse flows are
expected to be present only very close to the wall and
as stated earlier, measurement access down to the wall
was not possible due to the beam configuration used.
At the higher y/c locations, the phase angles at which
the dip in velocity occurs is progressively higher due
to the shape of the separation bubble and the air-
foil motion till y/c = 0.150. (The data for y/c = 0.1
showed holes for 180° < 345°) Beyond this point, the
distributions are nearly parallel, indicating that these
points are clearly outside the bubble. From this data
and the airfoil profile at ¢ = 200°, it appears that
the maximum bubble height is 3-4% chord above the
airfoil surface.

A look at the V component of velocity shows
a nearly constant velocity through the bubble, for
y/c = 0.067, till ¢ = 186° where a decrease is ob-
served. For y/c = 0.117, a gradual increase occurs
through the bubble. For y/c = 0.133 and 0.150, at
¢ = 200°, & = 13.4° an abrupt increase in the V ve-
locity develops. It is believed that this change is due
to the bubble breaking up at ¢ &~ 200°. When this
happens, the streamlines around it are pushed out-
ward and thus, an increase is seen at higher locations
as well. As the dynamic stall angle is approached,
the outer deflection of the streamlines is even more
pronounced and this translates to even higher V ve-
locities.

Similar trends were also measured at x/c = 0.167,
but the bubble was found only at y/c = 0.083.
Very closely spaced surveys by Chandrasekhara and
VanDyken!3 confirmed this to be the case and also
showed that the extent of the bubble is approximately
0.15¢ covering the range 0.017 < z/c < 0.167.

It is interesting to compare the picture of the
development of the bubble with that obtained us-
ing point diffraction interferometry (PDI) (Carr et
al'?). The interferometry results show that the bub-
ble forms at nearly the same angle as was seen in the
LDV studies and grows till it breaks up. The PDI im-
ages show that the dynamic stall vortex forms during
the breaking up process and the constant density con-
tours develop appropriate curvature subsequently on
its front side. On the back side, however, the flow is
very turbulent and thus, only a few density contours
could be seen. The LDV data of Chandrasekhara and
VanDyken!3 shows that the velocities rise when the
bubble breaks at around ¢ = 200°, indicating a fair
degree of mixing between the ambient fluid and the
bubble fluid. Thus the spanwise averaged instanta-
neous flow measurements and the long time averaged
point measurements agree reasonably well. Finer de-
tails of the flow need more sophisticated methods of
extracting the flow information.

D. Velocity Profiles at Different x/c Locations

The velocity profiles at different phase angles are
shown in Fig. 7afor x/c = 0.0 and in Fig. 7b for x/c =

0.083 at selected phase angles ranging from before the
bubble formation to after occurence of deep dynamic
stall. It is clear that the range of the velocities 1s much
larger at x/c = 0.083 than at x/c = 0.0. For exam-
ple, at y/c = 0.1, the maximum velocity is 1.6U at
¢ = 150° and 1.64U, at ¢ = 171°. The corre-
sponding values for x/c = 0.0 are 1.560U, and 1.52U,
respectively. Regardless, it is much higher than the
free stream value and is due to two factors: (1) airfoil
angle of attack and (2) the airfoil motion. Ericsson!*
has referred to the latter as the ‘moving wall effect’
wherein the fluid in the boundary layer is energized
by the rapidly moving airfoil, thus acquires the abil-
ity to resist the adverse pressure gradient and hence,
separation is delayed. A quantitative documentation
of this effect was hitherto not available. The present
results show that the ‘leading edge jet effect’ result-
ing in the wall jet like velocity distribution actually
is felt considerably into the outer flow and is not just
confined to near the wall. Also, it extends sufficiently
downstream over the airfoil. Despite the fact that the
velocities decrease in the separation bubble, the veloc-
ity immediately outside of it is extremely large, about
1.6Ux. The acceleration is being felt from very low
angles of attack, in fact, even at @ < 59 and thus, is
clearly due to the moving wall because, at low angles
of attack, the velocity at the leading edge is not very
large and also, the dynamic stall vortex has not yet
formed and thus, the flow is still attached and fol-
lows the airfoil profile. It is also to be noted that the
velocity of the airfoil leading edge is a maximum of
~ 3% of the free stream value, but still the effects of
the airfoil pitching are very strong. This implies that
the degree of unsteadiness, if measured as a ratio of
the leading edge velocity to the free stream velocity,
shows a large effect even at very low values.

As the airfoil angle of attack increases beyond the
static stall angle (12.4°), the fluid velocity closer to
the surface decreases as can be seen in Fig. 7a and
7b. Also, in Fig. 7b, a wake like profile emerges for
¢ > 198°. This change is believed to be due to
the opening out of the bubble and the gushing of the
fluid surrounding it immediately following the event.
Further, the location of the maximum defect moves
closer to the surface as the angle of attack increases.
Typical velocity defects measured were about 0.20/.

Fig. 7c shows the velocity profiles at x/c = 0.583.
At low phase angles, ¢ < 200°, the profiles are the
same as the local boundary layer as at this location, it
is about 4-5% chord thick depending upon the angle
of attack. Thus, a few measurement points could be
obtained. At larger phase angles, at this location, the
effect of the dynamic stall vortex is felt strongly. The
vortex increases the velocity in the outer flow and de-
creases in the inner flow. It appears that the flow is
very turbulent and unsteady within the vortex. Thus,
measurements during its passage through the mea-
surement voulme, show the effects as wiggles in the
velocity profiles. The effect propagates to larger y/c
locations as the angle of attack increases and the vor-
tex grows in size. No negative U velocities were mea-
sured anywhere in the measurement grid and thus,
the vortex as such could not be identified. But, the
large scale distortions in the profiles are indicative of
the passage of the vortex. (see also Sec. G)



E. Global Distributions of Absolute Velocity

Fig. 8 shows the absolute velocity vectors plot-
ted at the local flow angle in the flow field. Fig. 8a
is drawn for ¢ = 90° or o« = 0° and indicates
that even though the airfoil is at zero degrees angle
of attack, the velocities over the airfoil exceed the free
stream slightly. The vertical velocities were found to
be non zero for this condition even in the outer flow,
a clear indication of the presence of hysterisis effects
of oscillation. Closer to the airfoil leading edge, in
addition, the fluid still has to negotiate the curva-
ture and hence, a slight positive (upward) velocity is
measured. The figure shows that the streamlines are
nearly horizontal, except around the leading edge.

Fig. 8b shows the absolute veloity field at ¢ =
201°, & = 13.58°. The rapid flow accelerations are
clearly seen well into the outer flow in it, as also,
the wake like distributions discussed above at x/c =
0.083. The slowing down of the flow is also evident
near the airfoil surface at larger x/c locations. From
the orientation of the velocity vectors it can be in-
ferred that the vertical velocities around the leading
edge are large. In fact, the V velocity could reach a
value of 0.50U.,. The effects of the airfoil motion are
seen once again at very large (0.5¢c) y/c values. The
effects are the strongest at both upstream locations
(x/c = -0.083 and x/c = 0.0) and at x/c = 0.083.
By x/c = 0.25, the fluid is turning inward and as
the fluid moves downstream, it turns even more. The
schlieren studies of Chandrsaekhara and Carr® have
shown that at this angle of attack, the dynamic stall
vortex has just formed, and the measured behavior is
consistent with that study. In general, the outer flow
is only slightly turning, but the inner flow streamlines
are curving strongly upward around the leading edge,
but by x/c = 0.25, the flow is pointing downward.
Also, the decreasing velocities closer to the surface at
larger x/c distances are also clearly seen.

At ¢ = 216°, the airfoil is at the dynamic stall an-
gle and the velocity profiles exhibit large changes at
some locations, and the dynamic range is also large.
Yet, no negative velocities are seen. Even in the re-
gion enveloped by the leading edge shear layer and
the dynamic stall vortex, large velocities are seen.
One of the reasons for this is that the reverse flow
region is expected to be only about 2-3% chord thick
at best and the negative velocities in it are likely to be
small. Since the vortex is being convected at 0.3Uq*,
it is unlikely that large reverse flow velocities will be
encountered. Once again, the vectors show that at
this angle of attack, the leading edge flow has been
pushed away from the airfoil, an effect felt over wide
distances.

Fig. 9a presents the contours of the absolute ve-
locity for some of the above cases. It is seen that even
at o = 09, the velocity range is from 0.88 - 1.1Uc.
At a = 8.95% Fig. 9b, the contour lines (12) show a
maximum velocity of 1.45U. It is found in a pocket
of fluid above the airfoil surface. Between this fluid
and the airfoil, lower velocities could be found. It
should be recalled here that a separation bubble was
detected here. In Fig. 9¢c, as the angle of attack in-
creases to 14.07°, the peak velocity reaches 1.55U,
but the fluid is at 0.1c above the surface, at x/c =

0.08 - 0.1. Also, the leading edge wall jet effect is seen
clearly. Further, following contour line 15, the wake
like profile could also be found between x/c = 0.16
- 0.2. Regions of low velocity are developing beyond
x/c = 0.3, but near the leading edge, at y/c = 0.05,
the velocity is still 1.15Us. This figure resembles the
interferogram obtained for the same conditions(Carr
et al'?). Finally,in Fig. 9d, at ¢ = 216°, it is interest-
ing to note that several pockets of high fluid velocity
(1.4U, contour line 19) form in the shear layer ex-
tending to x/c = 0.45 and y/c = 0.25. The velocities
around the leading edge are still large, even under this
condition. But, the flow towards the trailing edge is
moving very slowly at 0.5U. Significant structure
can also be seen in the flow.

F. Vorticity Distributions

The z-component of vorticity (normalized by =)

was calculated from the measured U and V compo-
nents of velocities by first fitting a cubic spline curve
to the data and interpolating the velocities in a grid
at a resolution of 1.25mm - using a second order cen-
tral differencing scheme. Thus, the noise level in the
distributions is expected to be high at about 20%
of the local maximum vorticity values (in both the
positive and negative quantities). The following dis-
cussion about the vorticity field should be still valid,
especially before the dynamic stall vortex begins to
convect (see also Sec. G), because no discontinuities
such as shocks were encountered within the measure-
ment grid. The picture of the flow field thus is also
quantitatively valid up to the point where the parti-
cles were able to follow the flow adequately.

Fig. 10a shows that at ¢ = 171° (a = 8.44°),
a region of clockwise vorticity has developed over the
airfoil, just around the location of the separation bub-
ble, with a peak vorticity of -8 units in it. A region of
counter clockwise vorticity could also be found above
it, but the peak vorticity in it is only about 5 units.
As the airfoil reaches an angle of attack of 10 degrees,
Fig. 10b, the clockwise vorticity has increased to -11
units, whereas the anticlockwise vorticity is still at §
units. The extent of the vortical region has grown to
about 25%chord in both the x and y directions. As
the airfoil pitches to higher angles of attack, the vor-
ticity should steadily increase until stall occurs. Fig.
10c shows that at ¢ = 198°, this is the case as the
clockwise vorticity has doubled to -22 units, but the
anticlockwise vorticity has only increased to about
10 units. Earlier experiments? have shown that the
vortex begins to convect at around this phase angle.
The separation bubble also bursts around the same
angle of attack. Thus, a combined effect is felt by
the airfoil, which should be seen in its vorticity field.
By the time dynamic stall occurs, at o = 15.9°, the
clockwise vorticity has increased to about -31 units,
but the counter clockwise vorticity is still small at 12
units. Beyond this angle, the vortex is shed and so
the total circulation over the airfoil should decrease.

Fig. 11 presents a plot of the ‘net circulation’
over the measurement grid. The computed vortici-
ties were integrated by including only the values that
were above the noise level (arbitrarily chosen to be
25% of the local maximum) for vorticity of both signs



to get the circulation. This graph has the same lim-
itations as the vorticity field. However, some clear
trends are evident and hence, the results are pre-
sented. It can be seen that the ‘net circulation’ mono-
tonically increases till phase angle of 200° is reached
when the vortex convection starts. Nearly a 10 fold
increase was obtained in the upstroke of the airfoil
from a = 5% to a = 13°. The changes seen between
¢ = 200° — 216° are believed to be due to the in-
ability of the LDV seed particles to follow the rapid
changes in the flow. However, near the dynamic stall
angle, a slowly decreasing trend is observed. Some
of the discrepancies noted here are due to the fact
that the entire upper surface data has not yet been
obtained and also due to the approximations made in
reaching this stage.

G. Discussions of the Measurement Challenges

The measurements reported in this paper were
obtained after partially solving some of the formidable
challenges posed by the flow, flow geometry and the
measurement technique. It is worth stating before
proceeding further that the mean velocity measure-
ments repeat to within 5% at any given station over
most of the oscillation cycle. The unsteady nature of
the flow and the large amplitude of oscillation of the
experiment required acquiring a very large amount of
data over the cycle to realize low uncertainty levels.
The 10,000 samples/per point collected in this exper-
iment ensures that this can be achieved, but a bet-
ter accuracy could be obtained if a much larger num-
ber of samples, say 50,000 could be obtained. How-
ever, the extent of the flow field surveyed would mean
an experiment that runs for several months with the
airfoil oscillating, leading to other difficulties. This
would still not guarantee that adequate number of
samples will be found in each phase angle bin of in-
terest from 180° to 216° due to the randomness of
the particle arrival rate in the probe volume. The
problems of the particle arrival in the measurement
volume and particle lag are especially accute after
the vortex forms and convects because the particles
have to follow the rapid accelerations experienced by
the flow in the shear layer that envelops the vortex.
Given that the frequency of oscillation is 21.6 Hz and
hence that the vortex 1s shed about once every 50
milliseconds, this is a challenge. In addition, the for-
mation, growth and movement of the vortex all occur
in approximately 5 milliseconds. At M = 0.3, with
the range of velocities encountered, the particles are
subject to an acceleration of O ((10% — 10*)m/s?).
It is clear that most particles may not be following
the flow under these conditions. The small particles
that may follow the flow would not scatter sufficient
light to provide a good signal to noise ratio. The
large dynamic range of the flow also reduces the SNR
(as SNR is inversely proportional to bandwidth). It
may be recalled here that in the present measure-
ments, the svstem gains were optimized to get good
signals over the whole cycle, that is, the gains were
set intentionally some what low so that these mea-
surements could be obtained. Hence, low amplitude
signals would not have been validated and thus, some
of the signals from the backside of the vortex would

have been lost. The smallest velocity measured any-
where was about 0.15U,, as seen in histograms at
some locations. These are largely responsible for the
vortex not being seen in the measurements. Special
seeding methods may mitigate this problem slightly,
as also, conducting the experiment with large gains
in the system with a method that validates the data
below a preset amplitude limit so that only signals
from small particles are indeed picked up and vali-
dated. Limiting the measurement to the phase angle
range of interest would help too as in this method
of measurement, a required number of samples will
be obtained at each phase angle, rather than a total
number in the whole cycle (This would also increase
the experiment time enormously). The blockage of
the beams by the airfoil will only add to these dif-
ficulties. All in all, the measurements are extremely
difficult and some success has been achieved in the
present study. Not seeing the dynamic stall vortex
does not limit the usefulness of the data in anyway
because the goal is to understand its formation and
possible prevention. The ‘game’is already ‘lost’ when
the vortex begins to move.

5. Concluding Remarks

1. Velocity data over an oscillating airfoil in dy-
namic stall have been obtained for the first time. The
velocity field exhibits interesting features over the en-
tire domain of measurement.

2. The data show the formation of a separation
bubble over the airfoil surface and its bursting just
around where the dynamic stall vortex forms.

3. The velocity profiles over the airfoil change
from that of a leading edge wall jet to a wake like
distribution in an oscillation cycle depending upon
the flow in the bubble.

4. The velocity field shows that the flow expe-
riences rapid accelerations over a large region of the
airfoll with values as high as 1.60/,, at a free stream
Mach number of 0.3 and a reduced frequency of 0.05.
Instantaneously, the velocities reached magnitudes of
1.8U4, but, no supersonic velocities were observed.
It is believed that the formation of the bubble has
modified the local pressure distribution sufficiently to
grossly alter the flow.

5. The extent of the moving wall effect has been
quantified and it is found to be much greater than
previously assumed as flow accelerations can be seen
at large distances (y/c = 0.5) from the airfoil.

6. Circulation (estimated from vorticity) was
shown to increase monotonically until the dynamic
stall vortex begins to convect.

7. The fact that the dynamic stall vortex was
not found distinctly has been attributed to the limi-
tations of the measurement technique and some possi-
ble methods of capturing it are offered. Further stud-
les using the alternate methods of measurements dis-
cussed are expected to provide a more comprehensive
information of the flow field.
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Abstract

The reattaching flow over an oscillating airfoil ex-
ecuting large amplitude sinusoidal motion around a
mean angle of attack of 10 degrees has been stud-
ied using the techniques of stroboscopic schlieren,
two component laser Doppler velocimetry and point
diffraction interferometry, for a free stream Mach
number of 0.3 and a reduced frequency of 0.05. The
results show that the dynamically stalled flow reat-
taches in a process that begins when the airfoil is very
close to the static stall angle on its downward stroke
and progresses over the airfoil through a large range of
angles of attack as the airfoil angle decreases to about
6 degrees. The airfoil suction peak shows a dramatic
rise as the static stall angle is approached and the
velocity profiles develop such that the flow near the
surface is accelerated. The process completes through
the disappearance of a separation bubble that forms
over the airfoil.
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1. Introduction

Flows over oscillating airfoils have received con-
siderable attention with a view to improve the per-
formance of the retreating blade of a helicopter. The
retreating blade performance is limited by flow sepa-
ration leading to dynamic stall. A comprehensive re-
view of dynamic stall and its events is given by Carr!.
The flow eventually reattaches later in the cycle and
depending upon the mean angle of attack, amplitude
and frequency of oscillations, a hysteresis loop of vary-
ing size develops, McCroskey?. It is known that the
hysteresis loop determines the aerodynamic damping.
Whereas extensive studies have been carried out on
oscillating airfoils to understand the dynamic stall
process, the reattachment of the unsteady separated
flows has received little attention. Reattachment of
unsteady separated flows is a topic of basic research
in itself, as several issues of flow separation and at-
tachment are involved, such as the local pressure gra-
dient, the state of the separated shear layer and its
ability to overcome the adverse pressure gradient and
so on. An understanding of the process may also help
in modifying the flow. For example., if the process can
be completed rapidly, the airfoil can generate more
lift through the cycle, thus altering its performance.
The changes in the pressure distribution that occur
over the airfoil may for some conditions cause limit
cycle oscillation. A parameter based on the pitch-
ing moment of the airfoil (which in turn is dictated
by the hysteresis loop) was defined” to determine the
aerodynamic damping over the cycle of oscillation. It
was observed that the damping could become nega-
tive during certain parts of the cycle resulting in an
increase in the amplitude of oscillations leading to



stall flutter. An understanding of the reattachment
process is therfore essential to alleviate the stall flut-
ter and improve the dynamic lift characterisitics of an
oscillating airfoil.

Niven et al® made the first and only attempt
to analyze the reattachment of separated flow of a
two dimensional wing undergoing ramp-down motion
through surface pressure measurements. This study
showed that the reattachment process occurs over a
finite length of time and the airfoil incidence at reat-
tachment was found to be close to the static stall an-
gle. However, no flow field measurements were avail-
able to understand the physics involved in the process.
The present study at the Navy - NASA Joint Institute
of Aeronautics being conducted in the NASA Ames
Research Clenter, Fluids Mechanics Laboratory(FML)
is aimed at understanding the mechanisms involved in
the separation and reattachment of flows associated
with oscillating airfoils through flow field analysis us-
ing a variety of experimental techniques. The experi-
mental techniques used included the schlieren method
for qualitative analysis of the global flow field, laser
Doppler velocimetry (LDV) for quantitative measure-
ments of the velocity field, and point diffraction in-
terferometry (PDI) for measurements of density and
pressure distributions.The initial studies of the dy-
namic stall problem were confined to the upstroke of
the oscillation cycle to understand the mechanism of
separation leading to the dynamic stall and the ef-
fects of compressibility on dynamic stall. Results of
schlieren studies by Chandrasekhara and Carr? on an
oscillating airfoil have indicated that compressibility
effects set in at M=0.3. Further studies by Chan-
drasekhara and Ahmed® using LDV have shown the
formation of a separation bubble near the leading edge
prior to the formation of a dynamicstall vortex. Stud-
ies with the PDI technique by Carr et al®" have con-
firmed the presence of a separation bubble and shown
that the flow gradients are slow to develop in the os-
cillatory case compared to the steady state resulting
in the delay of stall known as dynamic stall.

In this paper, results obtained on an oscillating
NACA 0012 airfoil as it executes the downward stroke
are presented. Flow field data obtained using three
different experimental techniques are discussed and
an attempt is made to describe the reattachment pro-
cess of the separated flow field.

2. Description of the Experiment
2.1. Facility

The experiments were conducted in the FML
Compressible Dynamic Stall Facility (CDSF). The
CDSF is an indraft wind tunnel with a 35cm. X 25cm.
test section. The oscillatory motion is produced by a
drive system located on top of the test section con-
nected to the test section windows by connecting rods
on either side. The windows are mounted in bearings
and the airfoil is supported between the windows with
pins smaller than the local airfoil thickness. This pro-
vides optical access to the airfoil surface as well. Si-
nusoidal motion of the windows results in a sinusoidal
variation of the airfoil angle of attack.

The drive is equipped with incremental position

encoders that provide the airfoil instantaneous angle
of attack and frequency/phase angle of oscillation.
An absolute position encoder indicates the angle of
attack. The specifications of the tunnel and drive
system are:

a = Qg + 0 sin 2Tft = ag + @y sin wi

0<a, <15°
2° < am < 10°
0< f<100H:
0<M<05
200, 000 < Re < 10°
airfoil chord = 7.62cm.

The airfoil angle, reduced frequency and Mach
number correspond to those of a helicopter in forward
flight and the Reynolds number corresponds to that of
a %Lh scale model rotor, whose test results are directly
applicable to a helicopter rotor.

The tunnel is connected to a 240,000 CFM, 9,000
HP evacuation compressor that allows continuous
running at all flow speeds. All other details of the
system could be found in Carr and Chandrasekhara®.

2.2. Measurement Techniques

Three different nonintrusive optical diagnostic
techniques were used in the study. These were
(A) stroboscopic schlieren (B) two component, fre-
quency shifted and phase averaged LDV (C) strobo-
scopic point diffraction interferometry(PDI) and are
described below.

A. Stroboscopic schlieren studies

Fig. 1 shows the schematic of the schlieren and
LDV system used. A standard 3m. focal length mir-
ror based schlieren system was set up in a ‘Z’ type con-
figuration with a Xenon arc lamp light source at the
focal length of one of the mirrors. The beam passing
through the test section was focused on to a vertical
knife edge and then imaging optics. The light source
was triggered externally at the desired phase angles
by an electronic circuit which compared the chosen
phase angle of oscillation and the encoder data from
the drive system and produced a TTL pulse when a
match occured. No delays were found to be present
between the events of matching the phase angle and
the light flashing.

B. Unsteady flow LDV studies

A two color, two component, frequency shifted
Argon-lon laser based TSI system was used for veloc-
ity measurements. The system was operated 15° off-
axis, in the forward scatter mode. Traversing was ac-
complished by directing the 4 beams on to a 352mm.
focal length lens mounted on a computer controlled



traverse, The signals were processed by TSI 1990
counters.

Phase locking circuitry specially built for han-
dling the random LDV data and the unsteady position
data were used as an integral part of the data acqui-
sition instrumentation. The LDV data was acquired
in the coincidence mode as determined by a NASA
LDV multiplexer, with the coincidence window-width
arbitrarily chosen as 50usec. The coincidence pulse
was used to trigger data acquisition and freeze the
rapidly changing encoder values till data transfer to
the computer could be completed. The schematic of
the method used is depicted in Fig. 2. The soft-
ware for data acquisition and processing included the
standard tests of data validation, phase averaging by
binning the data appropriately, identifying gaps in the
data if the number of samples in any bin was less than
a preselected value (50 in this case) and providing
phase distributions of the velocity components. Any
time the standard criteria were not satisfied, the data
set was rejected and new data was acquired. Seed-
ing was accompished by injecting 1um polystyrene
latex particles suspended in alchohol into the tunnel
inlet. A minimum of 10,000 samples were collected
per channel at each measurement point. The com-
plete details of the scheme can be found in Chan-
drasekhara and Ahmed5.

C. PDI studies

PDl is a real-time interferometry technique that
uses fluid density changes to produce flow interfero-
grams. Fig. 3 shows the schematic of the optical ar-
rangement used. The optical arrangement is based on
a standard schlieren system, with a pulsed Nd-YAG
laser serving as the light source and a predeveloped
photographic plate being used at the knife edge plane.
The principle has been detailed in Ref. 6 and 7 and
is only briefly described here. A pinhole is created
(burned) in-situ in the photographic plate by increas-
ing the laser energy, with no flow in the wind tun-
nel. This serves to act as a point diffraction source,
producing spherical reference waves. When the flow
is turned on, the cylinder of light passing through
the test section experiences phase shifting depending
upon the local flow conditions and the beam exiting
the tunnel window focuses to a slightly larger spot
around the pinhole. The portion of the light that
passes through the pinhole loses all the phase infor-
mation introduced by the flow due to the spatial fil-
tering characteristics of the pinhole and thus becomes
the reference wave. This reference wave subsequently
interferes with the light that was transmitted around
the pinhole through the photographic plate, creating
real time fringe patterns, at the image plane of the op-
tics system. Ref. 9 describes the other details of the
actual implementation of the technique in the CDSF.
In operation, the laser was triggered stroboscopically,
as was done in the schlieren studies; a pulse gener-
ated by a photo diode that responds to the actual
laser light pulse was used to freeze the encoder dis-
play to record the actual phase angle at which an
interferogram was obtained.

2.3. Experimental Conditions

The flow Mach number was set to 0.3; the corre-
sponding Reynolds number was 540,000. The oscilla-
tion frequency was 21.6 Hz, which corresponded to a
reduced frequency of 0.05. The airfoil was oscillated
about the 25% chord point, with its angle of attack
varying as

a = 10° — 10° sin wt

The LDV probe volume was traversed in the range
-0.25 < £ <0.75, 0.0 < £ < 0.58. The data to
be presented and discussed will pertain to the down-
stroke and envelope angles of attack ranging from 20°
to 0°.

3. Results and Discussion

The results are discussed in three parts. The first
part contains flow visualization pictures obtained us-
ing the schlieren technique; the second part presents
the LDV data in the reattaching phase of the flow;
the results of the PDI studies are discussed in the
last part.

3.1. Schlieren Studies
A. Steady flow behavior

Fig. 4 shows schlieren pictures of steady attached
and separated flow fields on the NACA 0012 airfoil at
M = 0.3. Fig. 4a was obtained for a = 12.33° and it
is clear that the flow is completely attached. In the
picture, the dark region near the leading edge on the
lower side represents the flow at the stagnation point.
The white region following it shows density gradients
due to the the acceleration of the flow through the
suction peak. The dark patch after this is the region
where a laminar separation bubble forms”. At high
angles of attack, the boundary layer thickens consid-
erably near the trailing edge, as can be seen in the
figure. At one encoder count higher, a = 12.41°, the
flow separates and this state is shown in Fig. 4b.
The flow could be brought back to the attached state
by simply returning to the lower angle of attack of
12.33° demonstrating the very small hysteresis that
was present in steady flow. The two pictures clearly
demonstrate the abruptness of flow separation and
reattachment in steady flow.

B. Unsteady flow behavior

Contrary to steady flow, reattachment in un-
steady flows is a process occuring over a range of an-
gles of attack (time). Fig. 5 presents stroboscopic
schlieren pictures as the airfoil executes the down-
stroke sinusoidally from o = 20° to a = 0°. At
a = 20°, the flow is completely separated from the
leading edge as seen in Fig. 5a. The only flow fea-
tures to be noted are the stagnation point, the sep-
arated shear layer emanating from the airfoil leading
edge and the trailing edge shear layer. For a = 13.82°,
in Fig. 5b, the flow has begun to reattach around the



leading edge, but over most of the upper surface, it is
still separated. A trailing vortex can be seen in the
wake at about 10-15% chord distance from the trail-
ing edge, which could be the starting vortex related
to partial reattachment. This suggests that the air-
foil has already begun to generate lift. At o = 10°,
Fig. 5c, the reattachment has progressed to about
10% chord from the leading edge. A trailing vortex is
also present. But, the significant point of interest is
the appearance of a dark region near the leading edge
in the reattached flow. A dark region in the schlieren
image represents deceleration for the knife edge orl-
entation used in the present schlieren arrangement.
Hence, on either side of this region, the flow is accel-
erating. It is believed that a separation bubble forms
in this region, in which the leading edge boundary
layer separates and then reattaches. Studies by Carr
et al 7 have shown that a bubble forms on the up-
stroke of the airfoil and is still present at o = 10°. It
is interesting to note that, even in the downstroke, a
similar feature is present, (see also Sec. 3.3). Fig. 5d
presents the result for & = 6.1° and it is clear that the
flow has reattached over the entire airfoil. However, a
slight imprint of the separation bubble can still be ob-
served at £ ~ 0.15 as the flow is accelerating on either
side of this point. It was found that only for a < 6°
the separation bubble was not present. This confirms
that flow reattachment after dynamic stall is a process
over a long range of angles of attack, 14° > o > 6°.
Whereas the flow on the upstroke was attached for all
these angles of attack, at corresponding angles of at-
tack on the downstroke, the flow was still separated,
indicating the presence of strong hysteresis effects in
the flow.

3.2. LDV Studies

As stated in Sec. 2.3, the LDV measurements
were carried out over —0.25 < £ < 0.75 and 0.0 <
2 < 0.58. The distributions of the absolute velocity
obtained from these measurements are discussed be-
low. Due to limitation of space, only selected data
are presented.

A. Global distributions

The absolute velocity vector field at two angles
of attack corresponding to the schlieren pictures in
Fig. 5 are presented in Fig. 6. Fig. 6a shows velocity
field at o = 20°, when the airfoil is in the deep dy-
namic stall state. Also shown the edge of the shear
layer for direct comparison with the flow visualiza-
tion studies. At £ = —0.25, the approaching fluid is
accelerated at higher % locations ( for ex., % = 0.4
and higher ), and the airfoil slows down the velocities
along a streamline in line with it. The most notable
feature is the large variation between the shear layer
and the airfoil upper surface. The velocity reaches
0.5Uc at £= 0.42 and ¥ = 0.05, whereas far higher
(0 < £ <0.75, ¥ = 0.58), the magnitude is about 1.1
- 1.2U. It is also interesting to note that despite the
large scale separation, no reverse velocities could be
measured, even though frequency shifting was used

in the LDV system. As the airfoil angle of attack de-
creases to 10°, the flow becomes partially attached up
to £ ~ 0.10 and beyond this, the flow is still separated
as can be seen from the schlieren picture in Fig. 5c.
The absolute velocity profiles in Fig. 6b are nearly
flat with a ensemble means of 1.1Us, in the region
0.17 < £ <0.42, and perhaps this is due to the mix-
ing in the region. This emphasizes that in unsteady
flow, even gross separation does not necessarily imply
reverse flow. Part of this could also be due to particles
not following the rapid flow changes during the cycle
in this high speed, high frequency and large ampli-
tude dynamic flow. The velocity vector field at £ =
0.083, further shows acceleration of the flow near the
surface, where velocities of up to 1.35U, are encoun-
tered. From the schlieren picture (Fig. 5¢), this is the
region where the flow reattaches through the bubble
and therefore the acceleration seen is due to the reat-
tachment. This process where the velocity near the
surface exceeds the free stream as the flow redevelops
continues while the flow reattaches over the airfoil.

B. Progression of the reattachment process

Fig. 7Ta and 7b show the velocity profiles at differ-
ent angles of attack from the top of the stroke when
the flow is completely separated to when full reat-
tachment occurs at £ = 0.083 and £ = 0.25 respec-
tively. Of interest are the velocity defect seen closer
to the airfoil for 0.1 < £ < 0.15 in Fig. 7a and for
0.067 < ¥ < 0.25 in Fig. 7b. As the shear layer is
still detached from the surface at a = 20° (Fig. 7a),
the defect in the velocity profiles seen is due to the
shear layer itself, with the lowest velocity being near-
est to the airfoil. There is waviness in the profiles
even at o = 12.59°. This is believed to be due to the
unsteady shear layer and also possibly due to an in-
sufficient number of samples at certain locations and
phase angles. Below this angle of attack, the profiles
become smoother and the fluid layers closer to the
airfoil surface are accelerated relative to those away
from it, which indicates local reattachment. At =

0.25 (Fig. 7b), the velocity defect is seen to be larger
(~ 0.3Us). The defect extends over a larger height
above the airfoil and over other angles of attack as
well, including o = 12.59°. At a = 10.52°, the veloc-
ity profile looks smooth. However, at a = 8.44°, the
distribution shows larger velocities near the surface
indicating that the reattachment has progressed to
this location. Further decrease in the angle of attack
to @ = 7.41° results in the establishment of a flow
where the local velocities near the surface increase
above the free stream value. The velocity profiles over
the airfoil change from those with a defect to those in
which the fluid is increasingly accelerated as the sur-
face is approached through the reattachment process.
Data at other Z locations confirmed this observation.

C. Comparison of velocity distributions on the up and
downstrokes

Fig. 8a compares the velocity distributions at Z
= 0.083 at o = 10° on the upstroke and downstroke.



It is clear that the velocities on the upstroke are sig-
nificantly higher, by as much as 20%. At £ = 0.083,
the decrease in the value observed on the upstroke
is due to the formation of a bubble and has been
discussed in detail by Chandrasekhara and Ahmed®.
Whereas a bubble formed on the downstroke as well,
measurements could not be obtained in it due to seed-
ing difficulties (discussed in Ref. 5). Fig. 8b which
compares the profiles at = 5.46°, on the upstroke
and on downstroke, shows no difference between the
cases compared, indicating the absence of hysteresis
at this location. A comparison of the upper surface
flow field at a = 10° on the upstroke and downstroke
is made in Fig. 9a and 9b. The peak velocity reached
is about 1.45U., during the upstroke, while during
the downstroke it is 1.35U,,. Also, the velocity data
for the downstroke shows low velocities of the order
of 0.7U, beyond 30% chord and the extent of, for
example, |V|=1.1Uy (the solid line in the figure) is
nearly half that during the upstroke. Some of the
differences between the upstroke and downstroke oc-
cur because of the hysteresis effects (due to the large
scale flow separation). At a = 10°, the flow is par-
tially attached in the downstroke and fully attached
in the upstroke. Thus, the changes seen could also be
attributed to the the pressure effects induced by the
moving airfoil. This implies that the pressure distri-
bution over the airfoil is also significantly modified at
the same angle of attack, a factor that needs to be
included in any calculations of the flow if the forces
and moments through the cycle are to be satisfacto-
rily computed.

3.3. PDI Studies
A. Interpretation of Interferograms

The fringes seen in the interferograms are con-
tours of constant density. The quantitative nature of
interferograms enables computation of the pressure
distribution over the airfoil when the flow is attached,
using isentropic flow relations. In the present study,
this assumption is carried through the boundary layer
fringes also. It is believed that the changes due to the
vortical nature of the flow in the thin boundary layer
that forms do not significantly affect the nature of
the distributions. The density along any fringe can
be calculated from the Gladstone - Dale equation!®
for the present wind tunnel and laser used as

p— pr = .009421¢

where ¢ the fringe number is 0,+1,%2,... for the
bright fringes and d:%, :{:%, :}:%,... for the dark fringes.
Fringes from the free stream to the stagnation point
have positive values. Hence, by simply counting the
fringes from the stagnation point, the flow quantities
along any fringe can be determined. The correspond-
ing C), distributions can be computed from the rela-
tion

Knowing the local density values, the correspond-
ing local Mach number can be determined. In all the
interferograms shown, the triangular pointers seen are
the registration markers used for scaling and obtain-
ing the pressure distributions. The apex of the left
side marker is aligned with the airfoil leading edge
and the line joining vertical edges of the two markers
above and below the airfoil passes through £ = 0.25.

B. Interferograms of the reattachment process

Representative interferograms of the reattaching
flow during the downward motion of the airfoil are
shown in Fig. 10. Flow stagnation is indicated by
the point on the airfoil lower surface near the lead-
ing edge where all fringes can be seen to converge.
In some figures, the stagnation point appears to be
a region because each fringe has a finite width. The
fringes in the shear layer show that the flow is sep-
arated from the leading edge. The white and black
patches seen between the separated shear layer and
the airfoil surface in Fig. 10a at o = 12.27° indicate
pockets of constant density fluid. Separation at this
angle of attack occurs from very near the leading edge.
It 1s clear that the velocity variation in the shear layer
is that corresponding to two dark fringes, which 1s
about 0.150U, (as determined by fringe counting) for
the present experiment. In Fig. 10b, at a = 10.69°,
the flow has partially reattached. One of the dark
fringes in the shear layer after following the accelera-
tion around the leading edge has turned down toward
the airfoil and merged the local boundary layer. How-
ever, by £ = 0.2, the fringe once again lifts off from
the surface, indicating separated flow from there on.
By this stage, a few more fringes appear around the
leading edge indicating further establishment of the
flow there.

As the angle of attack decreases to 9.84°, in Fig.
10¢c, the flow reattachment has progressed to about
35% chord, beyond which it is still separated. At the
same time the fringe pattern on the upper surface
around the leading edge shows that all outer fringes
are smoothly shaped, but those closer to the airfoil
(between Z = 0.02 — 0.1) after coming out radially
become nearly parallel to the upper surface and drop
vertically before merging with the boundary layer.
This is due to the formation of a laminar separation
bubble, an event that was found to occur during the
upward stroke as well, Carr et al’. This can also be
seen from Fig. 10b, but it is less definitive. However,
the pressure distributions (see next section) in fact
indicate that a bubble is present at a = 10.69° also.
Eventually, by o« = 8.01°, in Fig. 10d, the bubble
almost disappears.

It is interesting to note that on the upstroke, the
bubble forms at an angle of attack greater than 5°
and remains on the surface till the dynamic stall vor-
tex forms at around the static stall angle”. The over-
all flow is still attached till dynamic stall occurs at
a = 15.9°. However. on the downstroke, the flow is
partially separated and the bubble is present only at
certain lower angles of attack, @ < 12°. This once
again demonstrates the hysteresis effects of the large
amplitude oscillation of the airfoil.



C. Pressure distributions during reattachment

The variation of the maximum suction pressure
coefficient as a function of angle of attack on the
NACA 0012 airfoil during the downstroke is plotted in
Fig. 11. It shows that as reattachment progresses, the
airfoil redevelops suction steadily, during a decrease
in angle of attack, till « = 8°. Once the flow has
fully established around the airfoil, the suction peak
drops, as the angle of attack decreases further, as can
be expected. Of particular interest and importance 1s
the initial steep increase in the peak suction level at
a ~ 12.6°. It should be noted that this airfoil stalls
at @ = 12.41°, at M = 0.3 in steady flow, (see sec.
3.1). The flow gradients seem to adjust such that as
the static stall angle is approached during the down-
stroke, the leading edge shear layer begins to reattach
and then flow reattachment begins. A similar obser-
vation has been made by Niven et al® also in their
study of the reattachment process during ramp-down
tests on dynamic stall at various pitch rates. The de-
tails of the pressure distribution can now be studied
to see the salient features of the reattachment process.

Fig. 12 presents the pressure distributions at
various angles of attack during the downstroke. For
a = 12.27°, only a few fringes could be counted in
the accelerating region (up to £ = 0.017 till flow sep-

aration); the graph shows that the local % = 500.
For o = 11.15°, fringes were present in the adverse
pressure gradient region beyond £ = 0.02 as well. In
between, however, the fringes could not be detected
clearly. It can be seen that the suction peak, C de-
creases to -1.0 and then a pressure plateau forms till
£ = 0.083, after which the pressure drops steeply.
Such a behavior is indicative of the presence of a sep-
aration bubble, in which a constant pressure region
followed by pressure recovery exists. The length of
the bubble cannot be determined exactly as its edges
could extend beyond this point of increasing pressure
as has been pointed by Tani'!. Though the pres-
sure distribution gives approximately the length of
the bubble, determination of its precise size requires
quantification of the stall behavior by other surface
flow measurement techniques. It appears that for
o = 10.69° and a = 10.31°, there is little change
in the distributions through the bubble, although the
suction peak seems to increase. As the angle of attack
decreases, the bubble grows as the boundary layer
reattaches further downstream of the leading edge as
can be seen from the wider extent of the plateau, for
example, at o = 9.84°. At the same time, the Cp,, .,
also decreases as flow development continues around
the leading edge. At o = 8.01°, kinks are still present
in the C, distribution up to £ = 0.13. Thus, it is pos-
sible that a separation bubble is still present till after
this location. However, at o = 4.16°, the distribution
is smooth and the bubble has disappeared. The peak
Cp estimated from these interferograms was -1.7, but
the actual C,,,_ is expected to be slightly higher (due
to the difficulty of resolving the fringes in this region),
whereas the C, ... for attached flow on the upstroke
is -1.43 and -2.12 for steady flow, at o = 4.25°. This
supports the conclusion that reattachment is a quan-
titatively different process from the separating flow

on the upstroke, even though qualititative similarity
exists in regard to the formation of the bubble. The
differences in the angles of attack between the up-
stroke and downstrokes for the suction peak and the
bubble development are due to the hysteresis effects
that are always present in these unsteady flows.

D. Comparison of LDV and PDI studies

Since two different quantitative measurement tech-
niques were used in the present study, it is instructive
to make a direct comparison of the methods and the
results obtained. PDI provides a spanwise averaged
instantaneous quantitative flow field picture whereas
LDV yields a long time averaged point measurement
of the flow. The Mach numbers derived from both
methods are compared in Fig. 13 at a = 10°, when
the airfoil is undergoing downward motion. The solid
lines shown in it are the contours corresponding to
midpoint of the dark fringes of the interferograms and
the dashed lines are the Mach contours obtained from
LDV (for the corresponding fringe numbers). The
agreement is good, considering the vastly different na-
ture of the techniques. The cylinder of light used in
PDI provides more data points closer to the airfoil
surface, which was not possible with LDV because
of the blockage of the beams by the oscillating airfoil.
However, the agreement for those data that are coinci-
dent demonstrates the statistically stationary nature
of the flow field in the region compared. It should
be noted that major differences could appear in sep-
arated flow regions or in three dimensional flows.

Since LDV is a point measurement whose resolu-
tion is controllable, very detailed surveys of the flow
could be obtained. The resolution of PDI is limited
to the number of fringes that naturally form based on
the laser wavelength, wind tunnel span and flow den-
sity changes. But, PDI offers flow field information
instantaneously, obtaining this information would be
a very time consuming task with LDV, a major con-
sideration in high speed, forced, unsteady flows. The
agreement obtained in this study enhances the confi-
dence level of the results presented.

3.4. A Global Picture of the Reattachment Pro-
cess

Based on the study, a picture of reattachment
emerges, which is represented in Fig. 14. During
deep dynamic stall of rounded leading edge airfoils,
the separated shear layer always appears to emanate
from around the leading edge. However, the sepa-
ration point cannot be precisely determined. As the
airfoil angle of attack decreases, the shear layer starts
moving towards the airfoil upper surface, without any
significant reattachment until the static stall angle
is approached. Reattachment begins near the static
stall angle; the subsequent flow development around
the leading edge causes the suction pressure to in-
crease sharply. The adverse pressure gradient fol-
lowing the peak suction causes the boundary layer
to separate slightly downstream of the suction peak
and the separated shear layer has its origin now at
this point of separation. There is a moderate an-
gle of attack range in which the flow remains partly



separated. The shear layer attaches to the surface
forming a bubble, only when the angle of attack falls
below the static stall angle (=~ 11°), but it once again
separates further downstream, depending on the lo-
cal flow conditions. As the reattachment region pro-
ceeds towards the trailing edge, the suction pressures
continues to increase with the bubble still present.
Eventually, when the flow completely attaches itself
over the airfoil, and the angle of attack falls to about
5 degrees, the bubble disappears and the pressures
near the leading edge starts to decrease. Contrary
to steady flow, where the suction pressure decreases
as the angle of airfoil is lowered, in dynamic condi-
tion, there appears to be an interaction between the
two mechanisms of flow reattachment and flow due
to positive angle of attack. During the reattachment
process, the suction pressure continues to increase till
the reattachment is completed. Beyond this the pres-
sure decrease is due to the decrease in angle of attack
only. If a mechanism is created for the reattachment
to occur earlier, it is possible to reduce the hysteresis
loop, and thus increasing the usable lift in the cy-
cle. Though, this study has shed some light on the
physics of the reattachment process, more studies are
required to identify the effect of other parameters such
as airfoil geometry on the reattachment process.

4. Conclusions

A detailed study of the reattachment process of
dynamic stall flow over an oscillating airfoil has been
carried out using three different optical techniques.
The major conclusions from the study are:

1. Reattachment of the dynamic stall flow is a
process unlike that in a steady flow.

2. LDV studies show that the velocity profiles
change shape; profiles with a defect change to those
in which the fluid layers are accelerated steadily as
the airfoil surface 1s approached, as the reattachment
PIOgresses.

3. The process includes development of larger
than free stream velocities near the airfoil surface as
the process advances over it.

4. Reattachment begins at or near the static stall
angle even in unsteady flow. As flow begins to reat-
tach, the suction pressure coefficient rises rapidly, but
its values are different from that in steady flow and
the unsteady flow during the upstroke.

5. For the Reynolds number of the experiment,
reattachment progresses through a separation bubble,
which changes size during the process and disappears
at a low angle of attack.

6. Good agreement was found between LDV and
PDI studies, enhancing the confidence level of the
measurements.
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Fig. 4. Schlieren Photographs of the Steady Flow Behavior near stall: (a) a = 12.33°,
(b) a = 12.41°.

Fig. 5. Schlieren Photographs of Reattachment Process: (a) a = 20.0°, (b) o = 13.82°,
(¢) & =10.0°, (d) a = 6.17°.
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Fig. 12. Pressure Distribution During Reattachment
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Abstract

Dynamic stall over an oscillating airfoil in compreas-
ible flow was studied using a real-time interferometry tech-
nique. Instantaneous fiow field data was obtained for vari-
ous unsteady as well as steady flow conditions. The details
of the dynamic stall vortex, including its formation and
development have been revealed by the interferograms, re-
sulting in the first documentation of the complete dynamic
stall flow field under compressible flow conditions. Com-
parison of steady flow interferograms with those taken in
unsteady flow reveal significant delay in development of
leading edge suction peaks in the unsteady case. The in-
terferograms permit detailed analysis of the leading edge
pressure field; as many as as 13 pressure values have been
obtained around the leading edge in the first 1% of the air-
foil chord. The results offer significant new insight into the
character of the dynamic stall vortex, and the stall delay
that is observed during dynamic motions.
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1. Introduction

The control and utilization, or alleviation, of the
dynamic-stall-induced aerodynamic loads which appear on
helicopter rotor blades, and on rapidly moving conven-
tional aircraft wings or control surfaces, will require a
much greater understanding of the character of the un-
steady flow field that occurs on these aerodynamic sur-
faces than is currently available. Significant study of the
dynamic stall process has already been performed®. The
effect of compressibility on dynamic stall airloads has been
identified by a number of researchers?’~3. However, ex-
perimental verification of the effects of the vortex on the
compressible flow field have been limited so far to mea-
surements on the airfoil surface® or qualitative imaging of
the general flow field"=?, with the exception of the work of
Lee, et al'®, where much of the flow field was blocked by
the system used to support the model. In the past, tech-
niques for obtaining interferograms of compressible flows
have required significant post-processing(e.g. holographic
interferometry); real-time techniques such as Mach-Zender



interferometry systems !! required expensive optics, and
needed massive structure to reduce sensitivity to vibration.
A new technique, based on the use of vibration-insensitive
real-time interferometry known as point diffraction inter-
ferometry(PDI), has now been used to obtain results that
reveal new details about the development of the dynamic
stall vortex, and its effect on the flow over pitching airfoils.

The complexity and rapidity of the flow development
during dynamic stall as well as the large pressure gradi-
ents that form near the leading edge make quantitative
measurement very challenging and difficult. Better un-
derstanding of the stall process will be needed before any
alleviation of the adverse effects of the dynamic stall event
can be achieved; this will require careful study of the flow
during the stall inception. However, physical space limi-
tations greatly restrict the density of sensors that can be
installed in this region of the airfoil, and the presence of
these sensors can actually affect the flow being studied.
Thus, issues about the origin of the dynamic stall vortex,
and explanation of why and how stall delay occurs have re-
mained very difficult to address experimentally; the tech-
nique used in the present study offers new opportunities
for such a study. Some of the early results showing the
flow development as obtained with this new technique are
discussed in the present paper.

2. Description of the Facility

The present study was performed in the Compress-
ible Dynamic Stall Facility(CDSF) at the NASA Ames
Research Center Fluid Mechanics Laboratory(FML). The
CDSF is specifically designed for study of dynamic stall
over a range of Mach numbers, using non-intrusive optical
flow diagnostic techniques. It is operated as a part of the
in-draft tunnel complex at the FML(for details, see Carr
and Chandrasekhara'?). The CDSF is specially designed
so that airfoil supports do not block the view of the airfail.
The airfoil is supporied between two 2.54cm thick opti-
cal quality glass windows by pins that are smaller than
the local airfoil thickness; thus the airfoil can be viewed
unobstructed by any support mechanism(figure 1). The
window/airfoil combination is driven in sinusoidal oscilla-
tion by a 4-bar, push-rod-fiywheel system, about the 25%
chord position. This permits study of the flow at the lead-
ing edge, where the dynamic stall vortex forms, as well as
the flow field away from the airfoil. The drive motor is
a variable speed a.c. motor with a controller to maintain
speed to within 1%. The drive mechanism can oscillate the
airfoil at frequencies up to 100 Hz, with oscillatory ampli-
tudes ranging from 2° - 10°. The mean angle of attack
can be varied from 0° - 15°. Phase angle in the cycle is
determined by an optical encoder keyed to the flywheel.
The present test conditions included M= 0.2-0.45, for k =
0.0 - 0.10, Reynolds number = 400,000- 900,000, with the
airfoil oscillating at a = 10° — 10°sinwt. The airfoil was
NACA 0012 with a 7.62cm chord.

The interferometric images were obtained by trigger-
ing a laser light source at defined phase angles through the
oscillation cycle. The light source was a pulsed Nd:YAG
laser with a frequency doubler, operating at a wavelength
of 532nm. The phase angle for the interferogram was cho-
sen by setting switches on a specially designed counter dr-
cuit box. Since the laser took a finite time to actually emit
light, additional electronics were incorporated in the cir-

cuitry to display the phase angle when the laser actually
fired. This was accomplished by sensing the light using a
photo diode; when the laser fired, the output of the photo
diode was used to freeze the angle of attack display so that
the precise angle at which the image was taken could be
recorded.

8. Point Diffraction Interferometry Technique

8.1 Principle

The point diffraction interferometry(PDI) technique
used for the present test is based on the work of Smartt?3:1¢
as first applied to compressible flow by Bachalo and
Houser!®. The PDI technique utilizes the ability of a point
discontinuity(in the form of a pin-hole) located at the im-
age of a point source to diffract a portion of the incident
light into a spherical reference wave front. In the Smartt
interferometer, the light passing through the flow is used to
produce the reference wave, by placing a sheet of partially-
transmitting material containing the pin-hole at the focal
plane of the point source(see Fig. 2). This reference wave
front then interacts with light passing through the atten-
uating filter material surrounding the pin-hole, producing
interference fringes dependent on the strength of aberra-
tion produced by the flow in question.

In a separate and unrelated effort, Anderson and
Milton?® developed an effective way to create a seli-
aligning spot as part of a study of dark-central-ground in-
terferometry. In their approach, an exposed photographic
plate was placed at the focus of the incident beam, and
the focused energy of the light source was then used to
char the photographic emulsion and thereby create a com-
pletely self-aligned point-diffraction spot. Since the point
diffractor can be an aperture, or an opaque spot(the re-
sultant wave fronts are mathematically related), this tech-
nique offers the same benefits as the Smartt interferometer.
Since the mathematical derivations associated with point-
diffraction interferometry are well documented in the ref-
erenced papers!®=1¢, the present paper will only address
the physical implementation.

3.2 Implementation

In the present application, the primary optics of an
existing schlieren system were used!?, with the pulsed
Nd:YAG laser replacing the conventional spark as the light
source, and a specially created point diffractor replacing
the usual knife edge. Figure 3 shows a schematic of the
arrangement. The laser light was expanded through a mi--
croscope objective to fill the schlieren mirror, transmit-
ted through the test section, and refocused by another
schlieren mirror. The exposed photographic plate used to
create the point-diffraction spot was placed at the focus of
this second mirror, and the laser was pulsed with enough
energy to darken, or char the emulsion located at the fo-
cal plane of the second mirror. The spot was created in-
situ by passing light through the test section at a no-flow
condition, with the airfoil at 10° angle of attack(the Dark-
Central Ground results were quite sensitive to the angle
at which the spot was created; the PDI results were not).
The spot was precisely tailored to the application under
investigation, automatically correcting for nonuniformities



in the light source or optics. The tunnel was turned on and
the real-time inteference fringes were recorded on Poloroid
film(ASA 3000), and were available for immediate viewing.
This was of great value for analysis of the dynamic flow
field under investigation, since it permitted rapid review
of the progress of the dynamic stall vortex, and on-line
retaking of any photograph which was not of the quality
required. This also permitted on-line study of the flow
field as it developed, since any phase of the cycle could be
accessed directly. This ability to actively search for the
onset of dynamic stall using the PDI technique is in strong
contrast to the more conventional holographic interferom-
eter, which requires a major post-processing effort before
the interferogram can even be verified, much less analyzed.

Although this technique is conceptually quite ele-
gant, there were significant implementation difficulties,
mostly related to the complexity of the flow field presently
under investigation. For example, the PDI technique used
light passing through the pin-hole located at the focus of
the undisturbed light to create the spherical reference wave
front. However, in several cases, particularly at high airfoil
angles of attack, most of the flow field was disturbed by the
dynamic stall process. This complication led to an inves-
tigation of a variety of spot configurations, and ultimately
to an exploration of various alternative approaches for gen-
eration of the point diffractor. The photographs presented
in the present study were obtained using a variation of the
PDI technique where the photographic plate was replaced
by a blue-line filter. The point diffraction source was then
created by burning the filter coating until a clear aperture
was created on it; this technique resulted in a greatly in-
creased contrast in the interference fringes produced, and
permitted full-flow field images to be made with no loss
of detail anywhere in the image. The diffraction by the
aperture was also insensitive to the angle of the airfoil at
which the aperture was produced.

4. Results and Discussion

4.1 Qualitative Analysis of Interferograms

Figure 4a presents a point-diffraction-interferometer
image of the NACA 0012 airfoil at 0° angle of attack, in
steady flow at M = 0.40. The fringes seen are constant-
density contours. The stagnation point is characterized
by the convergence of circular fringes which appear at the
leading edge. The fringe pattern is symmetrical on both
the upper and lower surfaces, indicating the flow is sym-
metric(appropriate for this airfoil, at 0° angle of attack).
The fringes generated at the leading edge terminate on the
airfoil surface through an abrupt turning downstream due
to the presence of the boundary layer. Since the fringe
nearest to the leading edge encloses the stagnation point,
correct Mach number values can be assigned to each of the
fringes outside of the boundary layer(see Section 5.1).

Figure 4b shows the fringe pattern of an airfoil pass-
ing through 10.65° angle of attack, at M=0.40, k=0.05.
Note that the circular fringes now appear on the lower sur-
face of the airfoil, reflecting the movement of the stagna-
tion point due to the increase in angle of attack. The con-
centration of fringes near the leading edge indicates strong
acceleration in this region. The fringes originating near
the leading edge curve back to the airfoil surface, indicat-

ing the presence of adverse pressure gradient on that part
of the surface. The presence of the boundary layer can also
be seen by the abrupt turning of fringes in the downstream
direction as they approach the airfoil surface.

There is a region in the flow near the leading edge
which is completely dark in this figure. The very high
gradients in this region have so strongly bent the incident
light that light from this area is no longer in the field of
view by the time its image reaches the image plane(See Fig.
5). Thus, analysis of this region will require re-positioning
of the schlieren mirror to a location much closer to the
tunnel wall; this arrangement will be used for future study
of the details of this critical area.

4.2 Dynamic Stall as Shown by PDI

Figure 6 presents images of the flow field for six an-
gles during the upstroke for M = 0.35, k = 0.05. Figure 6a,
taken at 10.65°, is similar to the image discussed above; fig-
ure 6b, taken at @ = 12.11° , shows similar characteristics,
indicating that the flow is still attached. Figure 6¢c shows
the character of the flow at « = 12.54°. Although the
outer flow field remains essentially unchanged, the fringes
which rapidly curved back to the surface near the leading
edge in figure 6a and 6b no longer do so. Instead, these
are now displaced downstream, and show much less curva-
ture until they again come close to the surface, where they
abruptly turn normal to the surface. This is the first in-
dication that dynamic stall delay (the static stall angle for
M=0.35 is 11.6°) has ended, and that the dynamic stall
process itself has begun. Figure 6d shows this flow for
a = 12.83° ; here, the imprint of the dynamic stall vortex
is more clearly delineated. The fringes near the leading
edge terminate normal to the surface, and a few of them
are curving against the direction of flow, showing the for-
mation of a vortex-like structure. For this case, the outer
flow field is still attached. In fact, the outer flow fringes
pass smoothly around the dynamic stall vortex, and blend
into the boundary layer from 40% chord to the trailing
edge.

At a = 13.85°, (Fig. 6e), the vortex has moved fur-
ther down the airfoil, and has grown vertically. Further,
although the interference fringes in the downstream part
of the vortical region still show contours that might be ex-
pected from a classical vortex, the upstream part of the
vortical region is much different from that which would
be expected from such a vortex. Instead, all the fringes
emanate from the leading edge, and enclose a fringe-free
region above the airfoil surface. Since this region is vor-
tical in nature, it is not clear that the fringes are still
denoting constant velocity contours deep inside this re-
gion. It should be noted that the outer flow field was not
changed significantly until the dynamic stall induced flow
reached the trailing edge of the airfoil(shown in Fig. 6f,
a = 16.02°). This is in agreement with the lift calcu-
lated from integration of instantaneous pressure transducer
readings obtained on the surface during related dynamic
stall tests’, which show the lift increasing until the dy-
namic stall vortex has left the trailing edge.

Although the images shown above were obtained at
M = 0.35, the point diffraction technique is not limited to
this relatively high Mach number. As can be seen in Fig.
7, the technique produces clear images of the stall process
for a wide range of conditions. Figures 7a, 7c, and 7e show



the density field over the airfoil at @ = 10.65°, k=0.05, for
M=0.20, 0.30, and 0.40, respectively. These photographs
show the increase in number of density contours that are
associated with the increase in speed from M=0.2 to 0.4 as
can be seen by comparing these figures to figure 6a, taken
at the same angle at M=0.35. Figure 7b, 7d, and 7f show
the flow at o = 14.28°, after the dynamic stall process has
begun, for the same Mach numbers. This clearly shows
that the stall vortex occurs earlier in the cycle as the Mach
number is increased.

5. Quantitative Analysis of Interferograms

5.1 Determination of Mach Number by Fringe
Counting

For a standard interferometer, the path length differ-
ence APL due to density (or phase) changes can be related
to the fringe number ¢ as,

APL 1
N o :\—n-/(n—n,.)dz

€=

For a two-dimensional fiow, the above equation can be sim-
plified to,

L
€= (n-—n,)-x;

If ¢ is gero or an integer, then the fringe is bright and if it
is a half integer, the fringe is dark. Using the Gladstone
- Dale equation and the perfect gas equation, the above
expression can be reduced to (Goldstein'”)

p=pr= (L) = e

Since Ay = 532 nm, L = 25cm, (no — 1) = 2.733 x 104
(from Goldstein?), and po = 1.21kg/m?, the constant A
can be determined. For the specific case of the present
experiments, .

p — pr = 0.009421¢
or

P _pr A
po Po Po

Since % is a function of the free stiream Mach number
only, -fo can be determined by knowing the fringe num-

ber. In this method, a positive fringe number represents
deceleration and vice versa.

5.2 Comparison of the Steady and Unsteady Flow
Interferograms

Figure 8 presents two interferograms of the airfoil
fiow at M = 0.3 for an angle of attack of 10.78°. Figure 8a
was taken in steady flow; the concentration of fringes near

the leading edge shows that the local flow around the lead-
ing edge on the upper surface has experienced very strong
accelerations as a consequence of the suction that naturally
develops at such an angle of attack. The peak local Mach
number for this case (corresponding to a fringe number
of -14) is = 0.61. Also, the airfoil boundary layer thick-
ness at the trailing edge is quite large, of the order of 10%
of the airfoil chord. For comparison, Figure 8b shows the
flow field for the case where the airfoil passes 10.78° during
the upstroke of an oscillation cycle at k=0.05. Although
the outer flow does not show much change, the flow near
the surface is quite different. For example, only 10 fringes
could be detected over it near the leading edge region, cor-
responding to a peak Mach number of 0.52. It appears
that the flow gradients in the unsteady case develop at a
slower rate than in the steady case, thus contributing to
the delay of stall that is induced by the rapid unsteady
motion. Also, the boundary layer thickness at the trailing
edge is about half that of the steady case. Eventually, as
the airfoil pitches to a higher angle of attack, the unsteady
flow gradients attain values that indeed induce flow sepa-
ration in the unsteady flow as well. The angle of attack at
which this condition is reached is a strong function of the
Mach number, degree of unsteadiness, amplitude of motion
and other parameters. It is expected that further experi-
mentation at a much closer resolution and covering 2 much
broader range of experimental conditions will quantify this
comparison. Once separation occurs, the vorticity input by
the unsteady motion coelesces into a vortex whose ability
to remain on the surface will determine the amount and
duration of dynamic lift generation.

5.3. Estimation of Pressure Distribution Around
the Leading Edge

As stated earlier, the interferograms represent con-
stant density contours. From these contours, it is possi-
ble to compute the Mach number distribution and thus,
the pressure distribution around the leading edge. To do
this, an interferogram obtained at M = 0.3, k = 0.075 and
a = 12.85° was digitised and the region of interest was
enlarged. This enlarged image was further ‘cleaned up’ by
digital processing to enhance the contrast and brightness to
sharpen the fringes. Because of the appearance of the dark
region near the leading edge (see sec. 4.1), the definition
of the leading edge itself was difficult. To properly define
the leading edge, a picture of the airfoil without the flow
was obtained, was digitized, and the resulting image was
superimposed on the PDI image. The fringes in the PDI
image were then extended backwards towards the leading
edge, keeping their curvature continuous to intersect the
airfoil surface. The Mach numbers for these fringes were
computed as explained in sec. 5.2; the corresponding pres-
sure coefficients were calculated and pliotted as a function
of the distance measured around the leading edge.

Figure 9 presents a portion of the instantaneous local
C, distribution and shows 13 pressure values in a region of
3% chord around the leading edge. The maximum —Cj(of
3.8) in the analysed image occurs at x/c = 0.4% for the
conditions at which it was obtained. The flow accelerates
slowly on the lower surface from the stagnation point and
as it passes over the leading edge, the acceleration can be
seen to be very rapid. The pressure variation near the
leading edge dictates the vorticity production and hence,



its measurement at a fine resolution is critical. Interferom-
etry appears to be the only technique that offers the capa-
bility of determining this distribution in such detail. Since
it is a non-intrusive method, it offers significant benefits in
comparison to other methods such as pressure transduc-
ers due to the absence of mechanical interference and the
other inherent limitations of mechanical measurement of
unsteady pressure(e.g. errors due to dynamic response of
the cavities and tubing systems, dynamic calibration etc).
Such measurements have been made?, but the nearest lo-
cation to the leading edge where the data was obtained in
that earlier experiment was still at x/c = 0.5%. To obtain
the pressure distribution shown here using the transducers
would require an extraordinary number of transducers; the
costs concomitant with such a system and the need for a
large model to house these and the associated large facility
generally preclude such testing.

This result is presented to establish the capabilities
of the PDI technique. Many such images are now available,
which are being analyzed for quantification of the leading
edge flow field so that further understanding of the physics
of the flow in this critical region may be obtained.

5.4. Comparison of the Schlieren and PDI Images

Figure 10 compares the flow field pictures obtained
with a stroboscopic schlieren technique’ and the PDI tech-
nique. These pictures correspond to nearly identical nomi-
nal flow conditions of M = 0.3 and k = 0.075, at an angle of
attack of 14.7°. The knife edge for the schlieren picture was
kept vertical and hence was perpendicular to the stream-
wise direction. The dark region in Fig. 10a represents
an increase in the density gradient towards the knife edge
associated with flow deceleration, and hence, the bright
regions indicate flow accelerations. The stagnation point
can be scen to be at ~ 2% chord from the leading edge
on the pressure side. The same result is seen in Fig 10b,
which is a PDI image, wherein the fringes converge towards
the stagnation point at the same location. The strongly
accelerating flow around the leading edge - the bright re-
gion in the schlieren picture - is seen in the PD] image as
a large number of fringes (over 20) radiating from the re-
gion. The dynamic stall vortex is seen to be at about the
50% chord point in the schlieren picture. This picture also
shows that the flow decelerates in the vortex towards the
trailing edge. In the interferometry image, the dynamic
stall vortex appears as a region with a system of fringes
that are nearly concentric on the downstream side of the
enclosed region(although they all originate in the leading
edge region), and terminate over the airfoil suction side af-
ter they turn slightly upstream. A counting of the fringes
shows that the PDI image confirms the deceleration of the
flow in the vortex towards the trailing edge since the fringe
number increases in this direction in the vortex. The two
photographs also show a clear demarkation in the edge of
the vortical layer. In the PDI image, the vortcial layer is
seen to be filled with fringes whose curvature changes to
accomodate the local flow conditions. In the schlieren im-
age, this is simply the region where the black and white
regions are present. Further downstream of the vortex,
there are no significant flow density field changes that can
be detected by either of the two techniques.

This strong agreement between the two indepen-
dently obtained images is noteworthy, even though both

are spanwise averaging techniques, use the same flow prop-
erty - namely density - and also, share some of the optics.
The two were obtained on different days, under nominally
the same conditions. Despite the changes that could be
expected to be present in the instantaneous pictures due
to these differences, and from cycle to cycle variations, the
two techniques give the same result, with the PDI being
also quantitative.

The sharpness of the fringes through the vortical re-
gion during the formative stages of the vortex also suggests
that the flow through the vortex is nearly two-dimensional.
As the vortex grows, it continues to entrain fluid from the
outer flow. Near the leading edge, the flow mixes rapidly,
and the fringes are lost only in this region, as can be seen
in Fig. 1.

6. Conclusions

Real-time interferometry has now been demonstrated
to offer significant benefits for analysis of unsteady com-
pressible flow. In contrast to holographic interferometry,
real time techniques permit immediate review and evalu-
ation of the resultant interferograms. This capability is
of major value in analysis of dynamic flow fields such as
those created by dynamic oscillation of airfoils, and dra-
matically improves the continuity of analysis of the aero-
dynamic events; this continuity is critical to improved un-
derstanding of dynamic stall.

The interferograms obtained in the present experi-
ment show that the dynamic stall vortex produced by air-
foil oscillation in the range of conditions studied to date
does not produce the symmetric imprint on the density
field that would be expected from a classical vortex. In-
stead, these images imply that the dynamic stall develops
as a region of strong gradients enclosing a region of low
energy or weak structure, while still supporting the dy-
namically modified outer flow associated with the increase
of lift that is typical of dynamic stall.

Analysis of interferograms obtained at steady and
unsteady conditions show that dynamic motion inhibits
the occurrence of the strong suction peaks that appear in
steady flow at the same angle of attack. Interferometry
permits detailed analysis of these pressure distributions;
as many as 13 pressure values have been obtained in the
first 1% of the chord, near the leading edge of the airfoil.
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Fig. 4. Representative Interferograms for NACA 0012 airfoil, M=0.40, (a)a = 0°, k=0.0; (b) a = 10.65°, k=0.05.
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(b)

Fig. 8. Effect of Unsteadiness on Flow Field on Airfoil as Shown by Interferometry: M =
03,0 =10.78% (a) k = 0.0. (b k = 0.05
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(b)

Fig. 10. Comparison of Flow Development Over an Oscillating Airfoil. M=0.3. k=0.075.
a = 14.72°: (a) Sehlicren Picture; (b} Interferograni.
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